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TECHNICAL MEMORANDUM

AFFORDABLE IN-SPACE TRANSPORTATION

1.0 INTRODUCTION

1.1 Background and Study Objectives

Current and proposed launch systems provide access to low-Earth orbit (LEO) and destinations

beyond LEO, but the cost of delivering payloads will preclude the use of these services by many users. To
develop and encourage revolutionary commercial utilization of geosynchronous orbit (GEO) and to pro-
vide an affordable means to continue NASA space science and exploration missions, the transportation
costs to in-space destinations must be reduced. Current launch systems can cost $25,000/1b for delivery of

payloads to GEO (Ariane, Atlas, Titan IV). The reusable launch vehicle (RLV) program is planning to
demonstrate technology to allow the U.S. industry to develop a new generation of space launch systems,

providing 50 percent or more reduction in LEO transportation costs. These systems will be capable of
delivering payloads in the 20,000- to 40,000-1b class to LEO for prices of approximately $1,000 to
$2,000/lb. Using today's upper stage technology with the RLV will result in transportation costs to GEO
near $10,000/lb. Most of the cost difference between LEO and GEO is due to the much reduced payload

capability to GEO, but one-third to one-half of it comes from the cost of the upper stage itself. New trans-
portation systems must be developed in order to reduce the cost of in-space transportation and to provide
the incentive for expanded use of GEO. It is clear that if the benefits of further cost reductions are to be
extended to GEO and beyond, an important part of these new space transportation systems must be the in-

space segment (i.e., the upper stage). The goal of these new transportation systems is an order of magni-
tude reduction in transportation costs over RLV costs.

Past studies on in-space transportation have focused on upper stage performance and increased

system capability and have not emphasized low cost. These studies needed to be revisited to evaluate in-
space transportation systems, with low cost as a major evaluation criterion. In addition, some advanced
system concepts have been proposed that were not included in previous trades on in-space transportation.
These needed to be included in further system trade studies, with affordable cost as an emphasis.

The principal objective of this study was to conceptually define three to four promising approaches
to low-cost in-space transportation for delivery of satellites and other payloads, 3,000- to 10,000-1b class,
to GEO destinations. The cost goal for these approaches, in combination with lower cost Earth-to-orbit

(ETO) transportation, is $1,000/lb from Earth to GEO. The ETO portion of the mission for this study was
to be accomplished by a highly reusable space transportation (HRST) system. The goal of this HRST
system is to provide access to LEO for $100 to $200/1b.

1.2 Approach and Principal Findings

The study began with an extensive list of candidate upper stage concepts. A three-phase evaluation
process of successive elimination and concurrent maturation of concepts was used. Concept maturity
included work in the areas of: propulsion systems, structures, avionics, operations, and de-orbit proce-

dures. Systems operation and servicing strategies were investigated. For reusable systems, both space-
based and ground-based servicing were considered. Options for in-space servicing did not include those
that require an extensive servicing bay on space station. The level of system concept detail developed was
such that cost analysis could be performed on the systems and comparisons made between the top con-

cepts.



TheAffordableIn-SpaceTransportation(AIST) studyteamconsistedof membersfromboth
NASA/MSFCandBoeing.Representativesfrom variousdisciplinesparticipatedin thestudyasrequiredto
maturetheconceptsandtoparticipatein conceptevaluations.A list of participantsandresponsibilitiesis
includedin appendixA.

Theprincipal findingsof thestudyarestatedasfollows:

. The cost goal of $1,000/lb to GEO is extremely difficult to achieve. LEO transportation cost,
even at $200/1b, is still a dominant contributor to the total cost to GEO. Cost to LEO is imme-

diately multiplied by the ratio (total payload to LEO)/(total payload to GEO) which tended to be
about five or more for most of the concepts, leaving little or nothing for other cost categories.
Expendable upper stages have the greatest potential to reduce payload ratio, but offer little
possibility of reaching the goal which, for a 3,000-1b payload is only $3 million, because of
their hardware cost.

. The four top candidates (lowest life-cycle cost) were: expendable solid rocket motor (SRM),
expendable hybrid, reusable cryo, and reusable solar electric propulsion (SEP). These systems
evaluated at about $4,000/1b for a 3,000-1b payload and about $2,500/lb for a 10,000-1b pay-
load. Reusable nuclear and expendable solar thermal propulsion were also in the final set of
concepts, but exhibited somewhat higher costs. Reusable nuclear costs less than the reusable
SEP for a 10,000-1b payload, especially at high launch rates.

. The solar thermal propulsion system could be a more competitive system if it is reusable, or if
significant specific impulse (Isp) gains could be met. The stage production cost for the solar
thermal concept drove the life-cycle cost of the system. This trend was tree for the other
expendable concepts as well.

. Reusable options are sensitive to technology assumptions and achievements. Structures and
avionics weight estimates were based upon "business as usual" technology. Since there is no
data base for reusable systems, good estimates are difficult to obtain. The high-cost sensitivity
to inert weight was not adequately appreciated early in the study, hence, there was no motiva-
tion to consider aggressive-technology estimates. Early trades indicated a need for advanced
solar array and electric propulsion technology for SEP and appropriate estimates were made for
these subsystems. Reusable systems need innovative mission profiles and advanced technol-
ogy in all subsystems to approach the/LIST study cost goals.

5. A dynamic tether scheme could not be adequately analyzed within the scope of the study and
there were insufficient data available to achieve parity of definition with other options.

1.3 Study Ground Rules

The following ground rules were used for the AIST study:

1. The HRST system is used to deliver each in-space transportation concept to LEO (a circular
orbit with an altitude of 100 nmi and an inclination of 28.5 °)

2. In-space transportation systems handle missions from LEO to GEO (a circular orbit with an
altitude of 19,323 nmi and an inclination of zero)

2



3. In-spacetransportationtechnologymustbeavailable,ataNASA technologyreadinesslevel
(TRL) of 6or higher,by theyear2005(seetable1)

4. Payloadmassesto GEOselectedfor this studyare3,000-and10,000-1b

5. A singleHRSTlaunchtransports25,000lb to andfrom LEO.LEO transportationweightis
definedastheLEO deliveryweightplustheassociatedairbomesupportequipment(ASE)
weight

6. HRSTground-to-LEOtransportationcostschargedto theHRSTcustomerare$200/lb

7. Space-basedreusableconceptswill beservicedby HRST;payloadandpropellantrefueling
mayrequireseparateHRSTflights

8. For anyin-spacetransportationconceptswhichtransferpayloadsonly to GTO(ellipticalorbit
with aperigeeof 100nmi,anapogeeof 19,323nmi,andan inclinationof 28.5°),anapogee
kick motor(AKM) completesthezeroplanechangeandobtainsGEOvelocity.

Table 1. NASA TRL's.

TRL Description

1

2

3

4

5

6

7

8

9

Basic principles observed and reported

Technology concept and application formulated

Analytical and experimental critical function and/or proof-of-concept

Component and/or breadboard validation in laboratory environment

Component and/or breadboard validation in relevant environment

System and/or subsystem model or prototype demo in relevant
environment (ground or space)

System prototype demonstration in a space environment

Actual system completed and "flight qualified" through test and
demonstration (ground or space)

Actual system "flight proven" through successful mission operation

2.0 MISSION MODELS

2.1 Payload Traffic Models

To determine the flight rates and payload sizes for this study, a mission model was developed with
data gathered from NASA, Department of Defense (DOD), and commercial sources. The NASA data were
extracted from the NASA "Expendable Launch Vehicle (ELV) Manifest and Long Range Planning Status

of August, 1995. "1 The time frame for these missions is from 1995 through 2010. The NASA shuttle data
were developed from the "Code M STS Manifest" of May 1995, which provides mission data from 1995
to 2002 2 Seven soace transportation system (STS) flights per year were assumed for 2003 to 2010. The
,, • " _ * " " ,,3 '

Air Force Space Command (AFSPC) National Mtsslon Model, May 1995, was used for the DOD rms-
sions from 1995 to 1999. The "AFSPC Traffic Rate Projections," August 1995, was used for DOD mis-

sions from 2000 to 2020. 4 The commercial data were based on two reports provided by the office of the
Associate Administrator for Commercial Space Transportation (OCST)," Federal Aviation Administration,
Department of Transportation (DOT). The first, "Commercial Spacecraft Mission Model Update," dated



May 1995,wasdevelopedby COMSTACandprovidesGTO datafor 1995to 2010.Thesecond,"LEO
CommercialMarketProjection,"datedMay 1995,providesanassessmentby OCSTof LEO marketsfor
1995to 2005. 6 Figure 1 shows the average flights per year by destination for all three payload sources.
About half of these payloads have a destination beyond LEO and will require some form of an upper stage.
For these payload missions, the major destination of payloads is GEO, although the launch vehicle/upper

stage typically delivers the payload to GTO with an AKM performing the final insertion. Although the
shuttle has a few missions that deliver payloads going beyond LEO (e.g., Advanced X-Ray Astrophysics

Facility (AXAF)), the majority are LEO delivery (e.g., space station assembly and resupply). Therefore, it
was assumed that all payloads delivered on shuttle flights have a LEO destination.

7 Shuttle Flights Per Year or
12.1% Included in LEO Missions

LEO GEO ° HEO [---7 Planetary

Figure 1. Average flights per year by destination.

To determine the sensitivity of costs to the flight rate, rates that bracket the 30 missions per year
that require an upper stage were chosen. The lowest rate chosen was 20 missions per year. The highest
rate chosen for the study was 50 missions per year, which might cover traffic rate projections that have

not been performed for the NASA and commercial areas.

Figure 2 shows the average flights per year for all three payload sources to each destination. The
bars have been stacked to show the size of the payloads that are delivered to these destinations. For the
AIST study, two "typical" payloads were defined for system comparison purposes. One was a 3,000-1b
payload, which represents the most common class of payloads delivered to GEO. The other was a
10,000-1b payload, which represents the high end of payloads that are delivered to GEO (comparable to
the Titan IV/Centaur delivery mission).

4
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I Small
II <lklbLEO

Ultra-Lite< 0.5 klb LEO

Figure 2. Average flights per year by payload destination.

2.2 LEO Delivery

An HRST system will be used to deliver each upper-stage concept and payload to LEO. Multiple
launches of the HRST may be required to deliver the upper stage and payload, since some upper-stage and
payload combinations exceed the weight constraints of the HRST vehicle. For this study, it was assumed
that the HRST operator will charge for the transportation service based on LEO delivery weight alone,
regardless of the actual number of HRST launches required to put that weight in LEO.Large upper-stage
concepts may, therefore, be underpriced.

3.0 COST MODELS AND ASSUMPTIONS

The major emphasis of this study was to explore affordable cost of in-space transportation for
payload delivery from LEO to GEO. This study attempted to account for all costs associated with an in-
space transportation concept. This included not only design, development, test, and evaluation (DDT&E)
and production costs, but operations and maintenance costs as well. Because this method was extremely
time consuming and the information for some of the less developed concepts w asnot readily, avai!able, the
cost models were exercised only after the final concepts were chosen [section /.u). _omparxsons between

concepts are made using the life-cycle cost, which can be divided into two categories, recurring and non-
recurring. These two categories can further be broken out into types of costs, which are listed in table 2.

DDT&E and first-unit costs are calculated using the NASCOM cost model. This cost model uses

weights and complexity factors for the following subsystems as a basis for calculating costs for each con-
cept: structures, mechanisms,passive thermal control, active thermal control, electric power, communica-
tion and data handling(C&DIq), guidance navigation and control (GN&C), reaction control system, pro-
pulsion subsystem, SRM s, liquid rocket engines, advanced solar arrays, absorber/gimbal, collec-
tor/optics/mechanism, nuclear rocket engine, electric propulsion engine, AKM, and ASE. Every upper-
stage concept does not necessarily utilize all of these subsystems. A detailed description on the cost
calculations for each of the types of cost can be found in appendix B.



Table 2. Life-cycle cost categories broken down by types of cost.

Category Types of cost

Nonrecurring

Recurring

• DDT&E for stages/AKM/ASE

• Total ASE production

• Total refuel tank production (if required)

• Facility nonrecurring

• Total LEO transportation

• Total stage production (no AKM or ASE production included)

• Total AKM production (if required)

• Total replacement parts/spares (if required)

• Total operations labor

• Total facility maintenance

• Total propellant

4.0 INITIAL CONCEPT IDENTIFICATION

4.1 Concept Selection Criteria

The intent of the initial identification phase was to capture all propulsion concepts that could be
used to deliver payloads from LEO to GEO. The only criterion used for initial selection was that all tech-
nologies for a given concept must be at least at TRL 6 by the year 2005.

4.2 Concept Selection Process and Results

To find candidate AIST concepts, in the short amount of time the study allowed, readily available
literature was researched. TM All operational upper stage propulsion concepts were immediately accepted

as candidate concepts, including solid, storable, and liquid oxygen/liquid hydrogen (lox/LH2) cryogen
propulsion concepts. All other ground-tested and flight-tested propulsion concepts were also accepted, if
they could be at TRL 6 by the year 2005, including hybrid, solar thermal, solar electric, solid-core nuclear
thermal, nuclear electric, laser thermal, and laser electric propulsion concepts. Dynamic tethers, though not
a propulsion concept, were added to the list because of their potential to provide orbit transfer capability
through momentum exchange. Some concepts that were considered, but not selected because of either their
lack of maturity, extreme environmental problems, or inapplicability to the LEO/GEO mission included
solar sails, magsails, exotic liquid propellants (i.e., fluorine, ozone, and borohydrides), fission gas-core,
fusion propulsion, nuclear pulse propulsion, electrodynamic tethers, "skyhook" tethers, gun launch, anti-
matter, and metastable state energy sources.

The concept identification process applied a degree of engineering judgment as to whether a con-
cept should be reusable or expendable, or if both options should be considered. This judgment was mainly
based on personal experience of the members on the study team. Table 3 shows the 17 concepts identified
for consideration.

6



Solid,
Expendable

Storable,
Expendable

Cryogen,
Expendable

NuclearElectric,
Reusable

NuclearThermal,
Low Thrust,
Reusable

Table3. Initial candidateconceptsfor theAIST study.

Chemical Solar

Hybrid,
Expendable

Storable,
Reusable

Cryogen,
Reusable

_Nuclear

Nuclear Thermal,

High Thrust,
Reusable

Nuclear Thermal,

lox Augmented,
Reusable

Solar Electric,
Expendable

Solar Electric,
Reusable

Solar Thermal,

Expendable

Solar Thermal,
Reusable

Other

Laser Electric, Partially Reusable

Laser Thermal, Partially Reusable

Dynamic Tethers, Partially Reusable

5.0 CONCEPT SELECTION, PHASE 1, PUGH METHOD

5.1 Concept Selection Process

A concept selection approach, based on a method formulated by Stuart Pugh,,was used to deter-

mine if the concepts identified for ana!_,ses could be categorized into clear groups of winners (concepts
selected for further study) and "losers (concepts dropped from further study). The Pugh selection
approach assigns scores to system attributes using a baseline frame of reference concept, and the scores
are then tabulated for each concept. The process began by choosing an SRM upper stage system as a frame
of reference. A Pugh selection team was assembled (appendix A) to define concept definitions and deter-
mine which system attributes would be judged. The definitions are described in table 4. The attributes

!!s!ed in, table_5 were chosen, asthe criteria for which to assign scores. For each at!ribute, a score of "+",
- , or S was assigned. A + meant that the attribute was better than a solid, a '- implied that the con-

cept was worse than a solid, and an "S" implied that the concept was equal to a solid. The team identified,
by a majority vote, an overall "+", "-", or "S" score for each attribute of each concept.

5.2 Concept Identification and Descriptions

Table 4 contains a list of concept definitions the study team used for the Pugh concept selection
approach. These definitions were considered to be broad and served only to ensure that all Pugh voters
were at a common p'olnt of reference in their understanding of each conce t. It..is possible that concep.ts
chosen for further study would have a minor change made to the concept _tfimtlon once a more detailed

design was accomplished.

5.3 Concept Selection Criteria

Table 5 contains a list of concept selection criteria the study team used for the Pugh concept
selection approach. These criteria were considered to be broad and served only to ensure that all Pugh
voters were at a common point of reference in their understanding of the criteria.

7



Concept

Solid, expendable

Storables, expendable

Storables, reusable

Cryogens, expendable

Cryogens, reusable

Hybrid, expendable

Solar Electric, expendable

Solar Electric, reusable

Solar Thermal, expendable

Solar Thermal, reusable

Nuclear Electric, reusable

Nuclear Thermal, Hi-Thrust,
reusable

Nuclear Thermal, Lox

Augmented, reusable

Nuclear Thermal, Lo-Thrust,
reusable

Laser Electric, partially
reusable

Laser Thermal, partially
reusable

Dynamic Tethers

Table 4. Concept definitions.

Definition

This system is based on current technology expendable solid upper stages such as the

transfer orbit stage (TOS) and the payload assist module (PAM) DII Solids are simple,
expendable, non-restartable systems. The propellants would be preloaded, requiring no on-
pad fueling. The technology is available for these systems and no new facilities would be
required to process them.

This system would be an evolution of the Ariane 5 type upper stage. The hypergolic
propellants have some operations and environmental impacts but have been used for
Storable propellants for sometime. The technology is currently available for these systems.

This system (based on orbital transfer vehicle (OTV)) would be developed to provide a
reusable storable system that would require on-orbit refueling and rendezvous & docking to
be reusable. Development of space storable propellants and on-orbit operations would be
reouired.

This system uses LH 2 and lox propellants. It would be an evolution of the Centaur stage
Drovidin2 hi2h thrust and high lsp.

This system would be based on OTV (with or without an aerobrake). The propellants would
be LH2/lox. Development of a highly restartable engine (>100 starts) and on-orbit cryo
fluid mana2ement for storage and refueling, would be required.

This system uses an inert fuel oxidized by iox as its propulsion system. Safety is improved
over a solid system due to the inert nature of the fuel, and its insensitivity to grain cracking.
The system is simple with few moving parts, is capable of multiple starts and stops, and is
_nvironql_nhally "fri_n_lly". The issue Of combustion instability needs to be resolved.
This system uses large deployable solar arrays to power electric thrusters for the stage
propulsion. The solar electric system would require a long time to deliver payloads to GEO
due to the low thrust nature of the electric thrusters. On-orbit deployment of large arrays
would I_ required.

This system uses large deployable solar arrays to power electric thrusters for the stage
propulsion. The solar electric system would require a long time to deliver payloads to GEO
due to the low thrust nature of the electric thrusters. On-orbit deployment of large arrays
would be reouired. This reusable system would require long cell and grid lives.
This system uses a deployable concentrator to convert solar energy to thermal energy. The
solar energy is focused into the engine absorber where propellant (H 2) is heated to provide
thrust to the stage. The solar thermal upper stage (STUS) requires multiple burns (300 to
1,000) of the engine, and on-orbit cryogenic fluid management to complete its mission,
which may be lengthy.

This system uses a deployable concentrator to convert solar energy to thermal energy. The
solar energy is focused into the engine absorber where propellant (H2) is heated to provide
thrust to the stage. The STUS requires multiple burns (300 to !,000) of the engine, and on-
orbit cryogenic fluid management to complete its mission, which may be lengthy. This
reusable system could get propellant (LH 2) resupply either on-orbit or on ground.

This system uses a nuclear reactor to provide power to an electric thruster(s). This high Isp,
low thrust system would take a Iongtime to deliver payloads to GEO. The development and
testing of a nuclear engine would be required, and the issue of using nuclear propulsion in
space would also have to be addressed.

This system uses a nuclear reactor to provide power. This high Isp, high thrust system would
deliver payloads quickly to GEO. The development and testing of a nuclear engine would be
required, and the issue of using nuclear propulsion in space would also have to be addressed.

This system uses a nuclear particle bed reactor to provide power with the incorporation of
lox afterburners. This high Isp, high thrust system would deliver payloads quickly to GEO.
The development and testing of a nuclear engine would be required, and the issue of using
nuclear propulsion in space would also have to be addressed.

This system uses a small nuclear particle bed reactor to provide power. This high Isp, low
thrust system would take a long time to deliver payloads to GEO. The development and
testing of a nuclear engine would be required, and the issue of using nuclear propulsion in
space would also have to be addressed.

This system uses either a ground-based or space-based laser system to provide energy for
solar cells to power the system. This high Isp, low thrust system would take a long time to
deliver payloads to GEO. Ground-based or space-based laser facilities would have to be
developed. The system would require replacement of cells.

This system uses either a ground-based or space-based laser system to provide energy to heat
the propellant (H2) to provide thrust for the system. This system would require development
of ground-based or space-based laser facilities.

This system would use a tether to provide momentum to the upper stage to boost it to the
appropriate orbit.



Table 5. Concept selection criteria.

Selection Criteria Definition

DDT&E Cost of Upper Stage

Unit Cost of Upper Stage

Ground Operations
Complexity and Costs:

On-Orbit Complexity and
Costs

Performance

Safety and Reliability

Technology Development

DDT&E for the upper stage. Things to consider include number of new and unique

elements and design and technical complexity.
Cost of an upper stage using a particular propulsion system. Does not include

operations costs or other recurring costs.
Includes number and types of fluids and handling issues, purge and special conditioning
requirements, hazardous facility requirements, and environmental concerns. Excludes

initial flight hardware. Includes cost of spares and refurbishment.
Includes on-orbit assembly and/or servicing, refueling of propellants, deployment of

collectors, arrays, etc.
Performance parameters such as: Isp, thrust, power/weight ratio, as appropriate for a

given system.
Mission completion. Risk to payload, launch system and public.

Current technology readiness level compared to Datum concept. Technology must be at
TRL-6 (System/Subsystem model or prototype demo in relevant environment, ground

or space) by 2005.
Reusability/Service Life

System Flexibility Capability of system to perform other missions within its design.

Evolutionary Potential

Number of times system can be reused, and overall lifetime of system.

Packaging Efficiency

Trip Time Time it takes to deliver the payload/satellite to destination for it to begin operation.

De-Orbit/Debris Issues

Includes growth capability of system and potential of accommodating more demanding

missions. Capability to incorporate technolol]y upgrades.
Size, volume, weight of system.

Includes de-orbit of any expendable parts of system and any debris produced by exhaust
plumes and/or leaks. Hazardous disposal as appropriate.

5.4 Concept Selection Results

Once all attributes were scored, a table compiling the amount of "pluses" and "minuses" for each

concept was completed. The results, shown in table 6, are grouped into a series of four categories:
chemical, solar, nuclear, and other. The chemical systems, with the exception of expendable storable and

expendable cryogens, all had five to six pluses. Expendable storables and expendable cryogens were

dropped from further study, and the remaining chemical concepts (expendable hybrid, reusable storable,

reusable cryogen, and the baseline solid) were advanced to the next phase.

In general, the solar concepts fell into high "plus" categories. Even though there was a difference
in the score of the solar thermal expendable and the solar thermal reusable, it was evident that it would be
beneficial to consider this concept, so both concepts were advanced to the next phase. A tradeoff study
would be completed to examine these differences and identify which concept would advance to the next
phase. Additionally, all of the solar electric concepts scored high, so the solar electric reusable was
advanced to the next phase. The advanced nuclear systems scored very low, but at the request of some
team members that insisted past studies showed this concept to be viable and should be investigated
further, the advanced nuclear concepts were also advancedto the next phase. Finally, there were two

concepts in which there was either very little information available at the time of the study, or for which
past studies clearly conflicted with the team's results. The dynamic tether was not clearly defined at the
time of the Pugh voting, so this concept automatically defaulted to the next phase. The laser electric and
laser thermal systems scored very low, but at the request of some team members who insisted past studies
show this concept to be viable and should be investigated further, the laser electric concepts were also

advanced to the next phase.
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0to4
Minuses

5 to6
Minuses

7to8
Minuses

Table 6. Pugh concept selection results.

1 to 3 Pluses

Storable, Exp.

D),namic Tethers
Solar Thermal, Exp.

Laser Electric, Reus.
Laser Thermal, Reus.

4 Pluses

Cryogen, Exp.

Solar Electric, Exp.

Nuclear Electric

Nuclear Thermal, Lo-Thrust
Nuclear Thermal, Hi-Thrust
Nuclear Thermal, Lox-Aug.

5 to 6 Pluses

Hybrid, Exp.

Storable, Reus.

Cryogen, Reus.
Solar Electric, Reus.

Solar Thermal, Reus.

(none)

6.0 CONCEPT FOCUS, PHASE 2, QUICK STUDIES

In phase 2, quick-trade studies were performed to reduce the concepts to a manageable set where a
detailed analysis could be performed.

6.1 Expendable Versus Reusable Solar Thermal

The previous phase indicated that although the solar thermal was a feasible alternative, the reus-
ability and expandability issue needed further study. MSFC experts in solar thermal propulsion completed
a qualitative tradeoff for expendable versus reusable concepts and chose the expendable concept as the best
concept for study (based on past studies and on TRL readiness). Also, based upon trajectory calculations,

it was believed that it would be optimistic to reacti the necessary TRL for desired engine Isp and thrust

levels to deliver a 10,000-1b payload to GEO in a reasonable trip time; therefore, only the 3,000-1b payload
class was considered for further study.

6.2 Laser Electric

A previous study (NAOMI) had indicated cost advantage for a laser-electric propulsion system
compared to a reusable cryogenic upper stage of the type considered for this study. The laser electric sys-
tem uses a high-power ground-based laser to illuminate a photovoltaic receiver on the upper stage at sev-
eral Suns' intensity. The higher conversion efficiency attainable with monochromatic light, -50 percent,
and the high intensity give the electric propulsion upper stage very high power generation performance. A
disadvantage is that opportunities for power transfer are infrequent when the vehicle is in a low orbit.

Extrapolating the information from these studies, it was determined to eliminate the laser electric from
further study, since the laser electric advantage disappears when launch cost drops to very low levels.
Detailed information on the extrapolation of the NAOMI study to this AIST study can be found in
appendix C of this report.
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6.3 Chemical Propulsion

The goal of the chemical propulsion concept trade study was to reduce the four chemical concepts
(solid, hybrid, storable, and cryogen) down to one or two. Both the reusable liquid concepts (storable and
cryogen) were divided into a propulsion-deboost version and an aerobrake-deboost version. The latter
would be modeled as a heavier vehicle not requiring propellant for deboost. (The aerobrake maneuver was
not modeled.) For completeness, expendable versions of the storable and cryogen concepts were also
assessed. Appendix D contains the detailed analysis for this study.

The quick study did not allow for much vehicle design. Therefore, the design information was
limited to specific impulse, stage/propellant mass fraction, and (for reusable concepts) the number of
flights per unit. A simple cost model was developed in Pascal that directly computed the life-cycle cost per
flight. (This occurred prior to the development of the more detailed cost model used for the final phase of
the AIST study.) Cost-per-flight was divided into five components: DDT&E, production, resupply, delay,
and operations.

The results of the chemical propulsion concept quick study (fig. 3) showed that there were no clear
winners or losers; thus the selection of the one or two concepts to be studied in detail was difficult. The

first concept selected was the reusable cryogen with a propulsive deboost system. Because it was shown
better than the version with the aerobrake, the aerobrake version was not chosen. The second concept

selected was the expendable solid propulsion concept. After some discussion, a decision was made to also

retain the hybrid expendable concept.

3,000-1b Payload 10,000-1b Payload
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Figure 3. Results of chemical propulsion AIST concept quick study.

6.4 Tether

The dynamic tether concept is an extension of small expendable tether technology to a large reus-
able tether. The tether is deployedby an initial push-off motion of the payload from the support platform,
no more than a few meters per second. The mass of the platform is many times that of the payload and
tether. Tension on the tether during the deployment is very low so that the payload and unreeling tether
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continue to move above and aft of the platform until the tether is fully deployed. Since a real simulation of
the tether system was beyond the scope of the study, and since there are many unanswered questions that
can only be answered by detailed analysis and a degree of point design activity, at the present level of
understanding the dynamic tether system cannot be considered as a preferred AIST system. A more
detailed description and crude analysis of the tether concept are found in appendix E of tlais report.

6.5 Concept Selection Results, Final Concepts for Final Study

Based upon the results of phases 1 and 2, the concepts chosen for a final detailed study are solid
(baseline), reusable cryogen, expendable solar thermal, reusable solar electric, reusable nuclear thermal,
and expendable hybrids.

7.0 FINAL CONCEPTS, PHASE 3

The final concepts for the AIST study consisted of six propulsion types and two payload classes
(3,000 and 10,000 lb). The chosen propulsion types are solid (expendable), hybrid (expendable), cryogen
(reusable), solar electric (reusable), solar thermal (expendable), and nuclear thermal (reusable). Although
no detailed design was performed for the concepts, enough of a design was completed in order to assign
preliminary weights and complexity factors. In areas where information was available, designs from pre-
vious projects in the MSFC Preliminary Design Office were utilized. The remainder of this section
describes similar assumptions made in the cost model for all the concepts.

From an operational standpoint, the payload and ASE are received separately and are integrated
with the upper stage according to the flowchart located in appendix F of this report. For expendable ver-
sions, only the ASE is refurbished. The stage delivery ASE weight is a fixed 15 percent of the associated
total LEO delivery weight for hybrids, solids, solar electric, solar thermal, and nuclear thermal, and a fixed
18 percent for the cryogenic concept.

Some concepts only transfer the payload to GTO using a delta V of 8065 ft/s. For these payloads,
an AKM completes the plane change to zero inclination and obtains GEO velocity. The payloads perform
the final GEO positioning. The loaded AKM weights are based solely on the associated payload weight
according to the methods described in appendix G of this report. The AIST upper stage arrives at the
Kennedy Space Center (KSC) facility as a complete stage with the exception of the payload, kick motor,
and if required, liquid propellants. Liquid propellants are loaded while the vehicle is on the launch pad.

Since LEO transportation weight for some of the concepts (e.g., cryo, solar electric 10,000-1b pay-
load, and nuclear thermal) exceed the 25,000-1b carrying capacity of the HRST, it is likely that several

HRST launches are required each time a new stage, refuel, or new payload is brought to LEO for these
concepts.

For the space-based reusable systems, it is assumed that some form of automated on-orbit assem-
bly, checkout, maintenance, and refuel technology are in existence. It is assumed that any in-space opera-
tion is ground controlled and does not require any in-space astronaut interaction. If any problems develop
with the upper stage, and if it is desirable to return the stage to Earth, the propellants could be dumped and
the upper stage would be returned to Earth by the HRST. (Note: the cost model did not account for such
events, which are assumed to be rare.) The replacement parts weight consists of only those upper-stage

parts required to be replaced on orbit. In-space refueling and payload replacement takes place by
transporting a fuel tank and payload to LEO for each new mission. The refuel tank is the same size as for
the upper stage itself, if possible. In some cases (e.g., solar electric), it may be possible that more than one
refuel supply launch is required to take place for each new mission. All subsystems required for the refuel
tank assembly consist of the same parts as designed for the upper stage. The refuel tank assembly would
consist of parts of the upper stage described in detail in appendix G of this report.
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Thelife-cyclecostbreakdown.forthe3,000-and10,000-1bpayloadsfor all conceptsis shownin
figure4. TheDDT&E costbreakdownfor the3,000-and 10,000-1bpayloadsfor all conceptsis shownin
figure5. Thehardwareunit costperstagebreakdownfor the3,000-and10,000-1bpayloadsfor all
conceptsareshownin figure6.ThesubsystemDDT&E andthehardwareunit costperstagedonot
includethesystem-levelwraps(e.g.,systemtestoperations,groundsupportequipment(GSE),SE&I,
andprogrammanagement).Table7describesthecostcategoriesfor eachfigure,alongwith adescription
of whattypeof costsareincludedin eachcategory.Thesecostsandthefollowing costdiscussionsin
section7 arebaseduponaflight rateof 20peryear.Any resultsthatchangebasedupona flight rateof 50
peryeararereflectedin section8 of thisreport.
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Table 7. Cost categories for cost analysis.
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Category

Total Non-

Recurring
Cost

Operations

AKM/parts

Stages

LEO
Launch

Engine

RCS/press.

Avionics

Thermal

Structure

Engine

RCS/press.

Avionics

Thermal

Structure

Types of cost

• Design, development, test and evaluation (DDT&E) for stages/AKM/ASE
• Total ASE production (includes costs for sys. test ops., GSE, SE&I, Program mngnmt., etc..)
• Total refuel tank production (if required)

• Facilit}rnon-recurrin_
• Total operations labor

• Total facility mainlenance

• Total raw propellant
• Total AKM production (includes costs for sys. test ops., GSE, SE&I, Program mngnmt., etc..)

• Total replacement _.s/spares (includes costs for sits. test ops.. GSE. SE&I. prob,'am reactant., etc..)
• Total stage production (no AKM or ASE production included) (includes costs for sys. test ops., GSE,

SE&I, ProlFam mnl_mt., etc..)
• Total LEO transportation

• SRMs

• Liquid rocket engines
• Electric propulsion engine
• Advanced solar arrays
• Absorber/gimbal
• Collector/Optics/Mechanism

• Nuclear rocket engine
• Reaction control subsystem

• Propulsion subsystem
• Power
.C&DH
.GN&C

• Thermal control, passive
• Thermal control, active

• Structures
• Mechanisms

• SRMs

• Liquid rocket engines
• Electric propulsion engine
• Advanced solar arrays
• Absorber/gimbal
• Collector/Optics/Mechanism

• Nuclear rocket en[[ine
• Reaction control subsystem

• Propulsion subsystem
• Power
• C&DH
• GN&C

• Thermal control, passive
• Thermal control, active
• Structures
• Mechanisms

* The DDT&E cost does not include system test operations, GSE, SE&I, program management, and production learning
curve

** The hardware cost per stage represents the cost to produce one stage without the ASE, kick-motor, system test

operations, GSE, SE&I, program management, and production learning curve
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The subsequent sections will discuss cost analysis and recommendations for each concept. The pie
charts show a breakout for the life-cycle cost and the cost per stage, or unit cost. Each of these costs
include system test operations, GSE, SE&I, and program management. Additional assumptions applicable
to most of the concepts can be found in appendix F of this report. The integration process flowcharts for

the concepts are located in appendix G.

7.1 Solid Propulsion Concepts

7.1.1 Concept Description

This expendable upper stage concept uses an SRM for main propulsion and is a high-thrust sys-
tem. A sketch of the concept is shown in figure 7 and weight tables are given in tables 8 and 9.

A delta V minimizing time for delivery was calculated, and useablepropellant and stage weights
were determined. The SRM propellant was assumed to be HTBP-based andconsisted of a single inertial
upper stage (IUS)/Orbus-class SRM casing, nozzle, and igniter. The SRM Isp was assumed to be 290 s
(similar to a STAR 48). A program called "UpStart" (developed at MSFC) was used to estimate the struc-
tural weights, where all metal components were assumed to be aluminum 2219. The passive thermal sub-
system assumed a slightly more advanced material than what is in use on the IUS motor today. The RCS,
mechanisms, GN&C, C&DH, and power subsystems are the same as the cryo concept described in sec-
tion 7.3.

Figure 7. Expendable solid concept.

Table 8. Overall weight statement for expendable solid concepts.

AIST Concept

Weight Cate;gory

Loaded AKM Weight
Upper Stage Inert Weight

Upper Stage Propellant Weight

Total LEO Delivery Weight

Sta_e Deliver_, ASE Weight

Total LEO Transport Weight

Weight, Ibm
3,000-1b payload I 10,000-1b pa_,load

2,856 9,520

1,299 1,638

5,175 18,687

12,330 39,845

1,850 5,977

14,180 45,822
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Table 9. Inert weight statement for expendable solid concepts.

Upper Stage

Subs_,stem
Structures 169 263

Mechanisms 34 112

Passive Thermal Control 53 118

Electric Power 316 316

C&DH 175 175

GN&C 183 183

Reaction Control Subsystem
SRM's

Total Upper Stage Inert Weight

Inert Weight, Ibm

3r000-1b pa_,load [ 10,000-1b pa_,load

245

124

1,299

267

204

1,638

7.1.2 Concept Mission Profile

The SRM stage carries a payload with an AKM. The solid sta_e delivers the payload plus AKM
from LEO to GTO. The AKM fires at apogee to complete GEO insertion. The stage will contain enough
propellant to de-orbit itself from GTO and become consumed in the atmosphere. The total trip time for the
stage from LEO to GTO and de-orbit is approximately 10.5 h.

7.1.3 Concept Cost Analysis and Recommendations

Distributions of cost for the 3,000-1b payload are shown in figure 8. The predominant factor
affecting life-cycle cost for the 3,000-1b payload is the stag.e production cost. It is more than half the total
life-cycle cost. LEO launch is the second major cost contributor; the other costs are relatively unimportant,
and the nonrecurring (which includes DDT&E) is the least important. The greatest hardware cost item is
GN&C, estimated at $5.5 million for the first unit. The SRM itself and the AKM are mature technology
and probably cannot be reduced significantly. The life-cycle cost distribution for the 10,000-1b payloadis
very similar to that for the 3,000-1b payload except that the relative contribution of avionics is about half as
great. This is because avionics does not increase in size of cost as the system becomes larger.

Distribution of Life Cycle Cost

3% Non Rec.

7% Operations
21% Launch

8%
Parts

Distribution of Unit Cost

5% Structures & Mech
17% Fee 2%Elec Power

3% C&DH

10%
Prog.
Mgmt

20%
GN&C

16

3% RCS

17% SE&I 7% SRM

61% Production Units

Total $5,571 M = $4642/Ib

5% AKM
11% Integration,

Ass'y, & Checkout

Figure 8. Cost distributions for the SRM 3,000-1b payload.



Dominance of the stage production cost can be attributed to the number of stages necessary to ful-
fill the flight demand. Because this concept is expendable, 422 stages are expected to be manufactured (20

flights per year for 20 years plus additional "contingency" stages for a 3,000-1b payload). A detailed cost
analysis breakdown can be found in appendix J of this report.

7.2 Hybrid Propulsion Concepts

7.2.1 Concept Description

This expendable upper stage concept uses a hybrid rocket motor for main propulsion and is a high-
thrust system. A sketch of the concept is shown in figure 9 and weight tables in tables 10 and 11.

A delta V minimizing time for delivery was calculated, and useable propellant and stage weights
were determined. Using a previous study completed in the MSFC propulsion lab, 23weights were deter-

mined using the same configuration with modifications where appropriate. The SRM fuel was HTBP-
based, and the oxidizer (which is pump fed) was lox. The Isp was assumed to be approximately 319 s.

"UpStart" was used to check the structural weights, where all metal components were assumed to be
aluminum 2219. The passive thermal subsystem assumed a highly advanced material for the solid motor

portion and was the same as the cryo concept for the lox tank. The reaction control system (RCS),
mechanisms, GN&C, C&DH, and power subsystems are the same as the cryo concept.

---- "tr,%

J--

Figure 9. Expendable hybrid concept.

Table 10. Overall weight statement for expendable hybrid concepts.

AIST Concept

Weight Category

Loaded AKM Weight
Upper Stage Inert Weight

Upper Stage Fuel Weight

Upper Stage Oxidizer Weight

Total LEO Delivery Weight

Stage Delivery ASE Weight

Total LEO Transport Weight

Weight, Ibm

3,000-1b pa_,load I 10,000-1b payload
2,856 9,520

1,709 3,037

1,585 5,480

3,015 7,447

12,165 35,484

1,825 5,323

13,990 40,807
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Table 11. Inert weight statement for expendable hybrid concepts.

7.2.2

Upper Stage

Subs_,stem

Structures

Mechanisms

Passive Thermal Control

Electric Power

C&DH

GN&C

Reaction Control Subsystem

Propulsion Subsystem

SRM's

Total Upper Stage Inert Weight

Concept Mission Profile

Inert Weight, Ibm

3,000-1b payload I 10,000-1b pa_,load

477 1,439

34 112

18 58

316 316

175 175

182 182

245 267

104

158

1,709

104

384

3,037

The hybrid rocket motor stage carries a payload with an AKM. The hybrid stage delivers the pay-
load and AKM from LEO to GTO. The AKM fires at apogee to complete GEO insertion. The stage will
contain enough propellant to de-orbit the stage from GTO and become consumed in the atmosphere. The
total trip time for the stage from LEO to GTO and de-orbit is approximately 10.5 h.

7.2.3 Concept Cost Analysis and Recommendations

Distributions of cost for the 3,000-1b payload are shown in figure 10. The predominant factor
affecting life-cycle cost for the 3,000-1b payload is the stage production cost. It is more than half the total
cost. LEO launch is the second major cost contributor; the other costs are relatively unimportant and non-
recurring (which includes DDT&E, the least important). The greatest hardware cost item is GN&C, esti-
mated as $5.5 million for the first unit. Some cost reduction in structures cost could be obtained through
careful design-to-cost. The AKM is mature technology and probably cannot be reduced significantly. The
l!fe-cycle cost distribution for the 10,000-1b payload is very similar to that for the 3,000-1b payload except
that the relative contribution of avionics is about half as great. This is because avionics does not increase in
size of cost as the system becomes larger.
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Dominance of the stage production cost can be attributed to the number of stages necessary to
fulfill the flight demand. Because this concept is expendable, 422 stages are expected to be manufactured
(20 flights per year for 20 years plus additional "contingency" stages for a 3,000-1b payload). A detailed
cost analysis breakdown can be found in appendix J of this report.

7.3 Cryogen Propulsion Concepts

7.3.1 Concept Description

This ground-based reusable upper stage concept used a Pratt & Whitney RL10-B2 liquid rocket
engine for main propulsion and is a high-thrust system. The operating time of the engine is 3,600 s, thus,
limiting the life of the stage to 14 missions for the 3,000-1b payload stage and 7 for the 10,000-1b stage.
Even though it is possible to replace the engine rather than scrap the stage after the engine life, the stage
life was limited to the engine life for this cost model. A sketch of the concept is shown in figure 11 and

weight tables are given in tables 12 and 13.

_- 0 2 tank

i ;iI M ...... I. / i

Nozzle exit.

Figure 11. Reusable cryogenic concept.

Table 12. Overall weight statement for reusable cryogen concepts.

AIST Concept

Weight Catq]ory

Loaded AKM Weight

Upper Stage Inert Weight

Upper Stage Fuel Weight

Upper Stage Oxidizer Weight

Total LEO Delivery Weight

Stage Delivery ASE Weight

Total LEO Transport Weight

3,000-1b pa),load

2r856

3r771
1,918

1lr466

23t011
4,142

27r153

Weig ht, Ibm

10r000-Ib payload
9,520

6,064

4,125

24r707
54,416

9,795

64_211
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Table 13. Inert weight statement for reusable cryogen concepts.

Upper Stage

Subs_,stem
Structures

Mechanisms

Passive Thermal Control

Electric Power

C&DH

GN&C

Reaction Control Subsystem

Propulsion Subsystem

Liquid Rocket Engines

Total Upper Stage Inert Weight

Inert Weight, Ibm

3,000-1b payload I lO,O00-1b payload

1,847

34

219

426

183

160

213

180

509

3,771

3,898

112

364

426

183

160

232

180

509

6,064

The liquid rocket engine includes an RL 10-B2 rocket engine (assumed to be available off-the-shelf

by the year 2005, with an Isp of 466 s), nozzle, and turbopumps for the liquid fuel (hydrogen) and
oxidizer (oxygen). The propulsion subsystem includes a propellant tank pressurization (helium) system;
plumbing between the engine, the fuel and oxidizer tanks, and the pressurization system; plus associated
flow regulation equipment. The RCS uses 16 small 2-1bf thrusters linked to a set of liquid bipropellant
(NTO/MMH) tanks, a propellant tank pressurization (helium) system, plus associated plumbing, and flow
regulation equipment. The structures subsystem includes a payload adapter, thrust structure, a low-
pressure fuel tank, a low-pressure oxidizer tank, tank support structure, and scar weight associated with
reusability. The mechanisms subsystem is a payload/AKM release device. The passive thermal control
subsystem consists of MLI-type blanket insulation for the fuel and oxidizer tanks. The GN&C subsystem
includes two Global Positioning System (GPS) receivers with inertial navigation unit, two-axis Sun
sensors with electronics, conical Earth sensors with electronics, two control electronics, two guidance and

control processors, and interconnect cabling. The C&DH subsystem includes a command/telemetry
transponder, a pulse code modulator (PCM) encoder/decoder, a 1553 interface for PCM encoder/decoder,
a radio frequency (RF) power amplifier, signal conditioning boards, command processor, and interconnect

cabling. The electric power subsystem uses lithium batteries. Because the reusable cryogen concept is
ground-based, the replacement part percentage is higher than for the space-based reusable nuclear thermal
and solar electric concepts.

7.3.2 Concept Mission Profile

The cryogenic stage carries a payload with an AKM. The cryogenic stage delivers the payload and
its AKM from LEO to GTO. The AKM fires at apogee to complete GEO insertion. When the cryo stage
completes one full orbit in GTO, it fires its cryogen|c engine and shifts the orbit from GTO to a lower,
intermediate orbit with aperigee of 100 nmi andan apogee of 3,686 nmi. Here the cryo will have a 2.7-h
period (one orbit pass), after which the cryo will again fire its engines to change orbit to where it will ren-
dezvous with the HRST at LEO. (In the total 13.2 h, the HRST would perform nine complete orbits

i , • . .dur ng the upper stage s two transfer orbit passes.) A small plane change maneuver ts reqmred during the
return transfer from GTO to LEO to correct for differential nodal regression. Once in LEO, the upper stage
uses an additional delta V of 330 ft/s to rendezvous with the HRST, be captured by the HRST, and retum
to Earth for refurbishment. The total trip time for the stage from LEO to GTO and back to LEO, including
phasing and rendezvous, is approximately 15 h.

7.3.3 Concept Cost Analysis and Recommendations

Distributions of cost for a 3,000-1b payload are shown in figure 12. The predominant factor
(almost 50 percent) affecting life-cycle cost for this system is transportation to LEO. This occurs because
the system is reusable and the significance of production cost is, therefore,/-educed. Only 42 stages are
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expected to be manufactured (to cover 20 flights per year for 20 years plus additional "contingency" stages
for a 3,000-1b payload).

Distribution of Life Cycle Cost
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2% C&DH
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Figure 12. Cost distributions for the cryogenic engine 3,000-1b payload.

Reusability increases the inert weight and, therefore, delivery mass, mainly because the stage must
return to LEO. Stage production costs are the next most significant after LEO delivery cost. The stage dry

weight is twice that of the hybrid and about three times that of the solid. The predominant factors affecting
stage hardware weight are structures and GN&C; the engine is a significant contributor to unit cost but is
assumed available and not a contributor to the nonrecurring cost (which includes DDT&E). The ASE is the

largest contributor to the nonrecurring cost. The predominant factors affecting life-cycle cost for the
10,000-1b payload are the same as for the 3,000-1b payload except that the importance of avionics is
reduced, since avionics does not increase in size and cost for the larger payload. The same engine is used

for the greater payload. A detailed cost analysis breakdown can be found in appendix J of this report.

7.4 Solar Electric Propulsion Concepts

7.4.1 Concept Description

This space-based, reusable upper-stage concept uses a solar electric rocket engine for mainpropul-
sion and is a low-thrust system. Since the operable life of the engine was assumed to exceed that of the
solar arrays (the arrays may degrade severely due to repeated.exposure to the Van Allen Belts), tlais con-
cept is limited to a total of 10 flights (9 reuses). A sketch of the concept is shown in figure 13 and weight
summaries are given in tables 14 and 15. Additionally, tables 16 and 17 show the weight statement for the
refuel tank and the fuel and payload resupply mission. The solar array power subsystem was posed as an
advanced-technology system since trades early in the study showed that current technology solar electric

propulsion has no chance of approaching the study cost goals. Appendix H contains some additional
reformation on the technology capabilities of the solar electric system.

The electric propulsion engine subsystem consists of one or more advanced electrothermal or
arcjet-type thrusters. The engine, operating at an Isp of 1,500 s (the fuel is liquid hydrazine or high-
pressure xenon), would have a maximum thrust of about 0.9 lb for the 3,000-1b payload version, and
2.5 lb for the 10,000-1b payload version. The propulsion subsystem consists of plumbing between the

engine and the fuel tank, plus associated flow regulation equipment. The mechanisms subsystem consists
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of a .payload release device and a solar array deployment mechanism. The active thermal control subsystem
consists of a single-phase fluid system with redundant pumps and a set of heat-pipe radiators. The RCS,
structures, GN&C, C&DH, and power systems are the same as the cryo system. The advanced solar array
subsystem consists of multiple arrays of thin gallium-arsenide-based (perhaps dual band gap) solar cells
on a substrate backing, plus the associated framework and electrical wiring. Although current arrays
deliver a unit power of 60 to 80 W/kg, an array of 178 W/kg is assumed for this study. The arrays would
have a maximum power output of 50.7 kW for the 3,000-1b payload version, and 138.2 kW for the
10,000-1b payload version.
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Figure 13. Reusable solar electric concept.

Table 14. Overall weight statement for reusable solar electric concepts.

AIST Concept
Weight Category

Upper Stage Inert Weight

Upper Stage Fuel Weight

Total LEO Delivery Weight

Sta_e Deliver_, ASE Weight

Total LEO Transport Weight

Weight, Ibm

3,000-1b payload

5,202

10,000-1b pa),load

11,019

8,130 18,565

16,332 39,584

2,450

18,782

5,938

45,522

Table 15. Inert weight statement for reusable solar electric concepts.

Inert Weight, Ibm

3,000-1b payload ] 10,000-1b pa_,load

Upper Stage

Subsl/stem
Structures 2,574 5,169

Mechanisms 29 83

Active Thermal Control 269 733

Electric Power 275

C&DH 183

GN&C

275

183

224 224

Reaction Control Subsystem 255 465

Propulsion Subsystem 93 233

681Electric Propulsion Engine

Advanced Solar Arrays 619

5,202Total Upper Stage Inert Weight

1,875

1,779

11,019



Table 16. Inert weight statement for solar electric concept refuel tank.

Refuel Tank Assembly

Subs_,stem 3,000-1b pa_,load
Structures 1,930

Mechanisms

Propulsion Subsystem 93

Inert Weight, Ibm

10,000-1b pa_,ioad
4,507

29 83

233

4,823Total Refuel Tank Inert Weight 2,052

Table 17. Overall weight statement for solar electric concept resupply.

AIST Concept
Weight Category

Refuel Tank Inert Weight

Resupply Fuel Weight

Replacement Parts Weight
Total LEO Delivery Weight

Refuel Deliver_, ASE Weight

Total LEO Transport Weight

Weight, Ibm
3,000-1b payload ] 10,000-1b payload

2,052 4,823

8,130 18,565
l 14 232

13,296 33,620

1,995 5,044

15,291 38,664

7.4.2 Concept Mission Profile

The solar electric stage delivers the customer payload to GEO without an AKM. Once delivered to
LEO, the stage orients its solar arrays to maximize power production and successfully demonstrates its
engine's abihty to generate thrust. If a problem develops with the upper stage, the solar panels could be
either retractedor ejected, and the upper stage could then be returned to Earth by the HRST. (Note: the
cost model did not account for such events, which were assumed to be rare.) The upper stage fires its solar
electric engine and slowly shifts the orbit from LEO to GEO, using a low-thrust spiral-with-plane-change
transfer maneuver. At low altitudes, its RCS subsystem may be used to compensate for atmospheric drag
if Earth' s upper atmosphere is expanded due to high solar activity. The one-way delta V is estimated at
19,030 ft/s.For the 3,000-1b payload concept, the required burn time is estimated at 82.2 days (during
109.6 days); for the 10,000-1b concept, 79.2 days (during 105.6 days). Burn time is less than transit time
because of time spent in Earth's shadow.

Following payload separation, the upper stage fires its solar electric engine and slowly shifts the
orbit from GEO back to LEO, using a low-thrust reverse-spiral-with-plane-change transfer maneuver
requiring the same delta V, 19,030 ft/s. For the 3,000-1b payload concept, the required burn time is esti-
mated at 36.7 days (during 48.9 days); for the 10,000-1b concept, 30.5 days (during 40.7 days). Once in
LEO, the upper stage reorients its solar arrays to minimize atmospheric drag and the upper stage enters a
sleep mode orbiting the Earth until rendezvous with the next HRST vehicle for refuel and payload attach-
ment. The upper stage uses its RCS subsystem to rendezvous with the arriving HRST launch vehicle. For
the last mission (e.g., 10th use) the upper stage reorients its solar arrays upon return to LEO to maximize
atmospheric drag, and speed its reentry into the Earth's atmosphere. Additionally, the RCS subsystem
may be used to tumble the stage to facilitate complete atmosphere burnup.

7.4.3 Concept Cost Analysis and Recommendations

Distributions of cost for the 3,000-1b payload are shown in figure 14. The cost distribution for the
10,000-1b payload is similar. The predominant factor affecting life-cycle cost for the SEP is the stage
(production) cost--nearly 50 percent of total life-cycle cost. Although the system is reusable, production
units are expensive. The number of stages manufactured is 53 for the 3,000-1b payload (to cover 20 flights
per year for 20 years plus additional contingency units). The first unit cost for this system is 60 percent
more than for the cryogenic system and three times that of the solid and hybrid systems. The cost distribu-
tion is similar to the solid and hybrid expendable systems, except that operations and nonrecurring are
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more important. The predominant factor affecting unit costs is the electric propulsion subsystem, which
accounts for half the first unit cost. The main contributor to propulsion subsystem cost is the solar arrays.
This occurs even though the solar arrays were estimated at $600/W, based on the large production quantity
compared to historical space array production.

The SEP as estimated in this study did not exhibit economies of scale as strongly as the other sys-
tems. It shows only modest cost-per-pound reduction at I0,000 lb of payload and is the most expensive of
the five systems estimated (solar thermal propulsion was not estimated for the larger payload). This occurs
because costs are dominated by solar arrays and array cost estimates per unit power were not reduced for
the larger system. Trades early in the study indicated that solar array unit mass and cost would need to be
about 200 W/kg and $600/W, respectively, for SEP to be roughly competitive with alternatives. Those
predictions were borne out by these later results.

Because a design was not produced, a relatively large allocation was made for stage structural
weight. Structures are approximately half the total dry weight estimate, thus any savings m structural
weight would have an effect on the overall cost of the stage (and launch costs). However, it is difficult to
compare such a very advanced SEP system with the other concepts discussed in this report. A detailed cost
analysis breakdown can be found in appendix J of this report.
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Figure 14. Cost distributions for the solar electric engine 3,000-1b payload.

7.5 Solar Thermal Propulsion Concepts

7.5.1 Concept Description

This expendable upper stage concept uses a solar thermal rocket engine for main propulsion and is
a low-thrust system, although its thrust-to-weight ratio may be several times higher than for electric pro-
pulsion. A sketch of the concept is shown in figure 15, and weight summaries are given in tables 18 and
19. Only a 3,000-1b payload was considered since a 10,000-1b payload version was deemed unfeasible
due to the size of concentrators and thrust level required.
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Figure15. Expendablesolarthermalconcept.

Table18. Overallweightstatementfor expendablesolarthermalconcepts.

AIST Concept
Weight Category

Upper Stage Inert Weight

Upper Stage Fuel Weight

Total LEO Delivery Weight

Sta_e Deliver_ ASE Weight

Total LEO Transport Weight

Weight, Ibm
3,000-1b payload ] lO,O00-1b payload

3,346

5,076

11,422

1,713

13,135 D

Table 19. Inert weight statement for expendable solar thermal concepts.

Upper Stage

Subsystem

Structures

Passive Thermal Control

Electric Power

C&DH

GN&C

Reaction Control Subsystem

Propulsion Subsystem
Absorber/Gimbal

Collector/Optics/Mechanism

Total Upper Stage Inert Weight

Inert Weight, Ibm

3K-Ib pa_,load I 10K-Ib payload

2,004

113

178

175

254

198

95

115

214

3,346

A delta V based on the optimization of trip time and performance was calculated, and useable pro-
pellant and stage weights were determined. Since the solar thermal propulsion concept has higher tturust
than the electric propulsion concept, it is practical to use a perigee and apogee kick approach to the orbit
transfer, reducing delta V compared to electric propulsion. Using a previous study completed in
Preliminary Design (MSFC In-House Feasibility Study for Solar Thermal Upper Stage, August 1994),
weights were determined by comparison. The total stage weight for the 3,000-1b payload was calculated
from a trajectory analysis and was compared against the weight from the August 1994 study to determine a
multiplication factor. This factor was applied to all the subsystems in the August 1994 study to get a

weight estimate for the 3,000-1b payload concept. It is assumed that the two concepts (i.e., configurations)
are the same with the exception of the GN&C.
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Solarenergyis focusedontoanabsorber(mainengine)mouthviaasolarconcentrator.Propellant
(liquid hydrogen)flows into theabsorberandis heatedby thefocusedsolarenergytransferredthroughan
absorberwall.Thepropellantexitsoutof theabsorberviaanozzle,creatingthrustto drivethestage._5The
solarthermalconceptisexpectedto haveanIspof 860s.TheGN&C equipmentincludestwo GPS
receiverswith inertial navigationunit, two-axisSunsensorswithelectronics,conicalEarthsensorswith
electronics,sixreactionwheels,eightphotodetectors,twocontrolelectronics,two guidanceandcontrol
processors,andinterconnectcabling.

7.5.2 Concept Mission Profile

The expendable solar thermal stage delivers its payload from LEO to GEO using a series of perigee
and apogee bums to provide a low-thrust elliptic spiral-with-plane-change transfer maneuver. It delivers
the customer's payload to GEO without an AKM. The delta V required is about 16,077 ft/s. Because the

absorber would not be consumed by atmosphere reentry, disposal of the stage is accomplished by carrying
extra propellant to insert the stage into an orbit higher than GEO, where the stage will remain. The total trip
time for the stage from LEO to GEO is approximately 60.7 days.

7.5.3 Concept Cost Analysis and Recommendations

Distributions of cost for the 3,000-1b payload are shown in figure 16. A 10,000-1b payload version
was not analyzed. The predominant factor affecting life-cycle cost is the stage (production) cost. A total of
222 stages is manufactured to support the flight program. The life-cycle cost distribution is similar to that
for the other (solid and hybrid) expendable concepts. Since the unit cost is 50 percent greater than these
and the LEO delivery mass is less, the dominance of production cost is more exaggerated. The solar
thermal subsystem, as costed for this study at $7,300/lb, is not competitive with the other finalist
concepts.

Distribution of Life Cycle Cost Distribution of Unit Cost
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Figure 16. Cost distributions for the solar thermal 3,000-1b payload.

The solar thermal system unit cost estimate is less than for the reusable concepts--only half that for
the solar electric and nuclear systems, and significantly less than for the cryogenic system. This indicates

that the solar thermal system might hold promise as a reusable. However, with a return-to-LEO require-
ment, the solar thermal propulsion system becomes very sensitive to Isp, as illustrated in figure 17.
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(calculationsusingthe"split-payload"equation).Resupplymassshownin thefigureincludespayloadand
propellantbutnotASEor tankers.A resupplymassbelow 15,000lb is reasonablycompetitive,anda
resupplymassbelow10,000lb hasatleastachanceof meetingstudygoals.This indicatesthataconcept
for areusablesolarthermalsystemshouldstrivefor anIspof 1,000sor better.If theproductionquantity
canbereducedto about50unitswithoutsignificantlyincreasingLEOtransportationcost,thelife-cycle
costfor solarthermalwoulddropto about$2,500/lbandthesystemwouldbecomehighlycompetitive.A
detailedcostanalysisbreakdowncanbefoundin appendixJof thisreport.
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Figure 17. Isp sensitivities based on masses.

7.6 Nuclear Thermal Propulsion Concepts

7.6.1 Concept Description

This space-based, reusable upper-stage concept uses a nuclear thermal rocket engine for main pro-
pulsion and is a high-thrust concept. The estimated operable life of the engine is 10 h (36,000 s), after
which time both the engine and upper stage would no longer be reused. It is estimated that the 3,000-1b

payload nuclear concept could perform about 50 missions, and the 10,000-1b concept, 32 missions. Note
that this operable life is several times that predicted for the cryogenic chemical engine and can be justified

in suspecting differences in optimism on the part of propulsion specialists.

Nuclear thermal propulsion enables a high-thrust system at about twice the Isp of cryogenic chemi-
cal propulsion. However, the propulsion installation is massive compared to a chemical rocket. A quick
trade study indicated that the best advantage of nuclear thermal Isp could be obtained by operating the same
way as the reusable cryo, placing the payload and an AKM in a geosynchronous transfer orbit. Because of
the comparatively great inert mass of the nuclear stage, operating it all the way to GEO and back, elimi-
nating the AKM, requires nearly twice the propellant and, therefore, greatly increases the resupply mass
for a repeat mission. A sketch of the concept is shown in figure 18 and a weight summary in tables 20 and
21. Additionally, tables 22 and 23 show the weight statement for the refuel tank and the fuel and payload
resupply mission.
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Figure 18. Reusable nuclear thermal concept.

Table 20. Overall weight statement for reusable nuclear thermal concepts.

AIST Concept
Weight Category

Loadext AKM Weight
Upper Stage Inert Weight
Upper Stage Fuel Weight

Total LEO Delivery Weisht
Stage Delivery ASE Weight

Total LEO Transport Weight

Table 21.

Weight, Ibm
3,000-1b pa_,load [ 10,000-1b pa_'load

2,856 9r520
13,01710,819

10,612 17,263
27,287 49,800

4r093
31,380

7,470

57,270

Inert weight statement for reusable nuclear thermal concepts.

Structures

Upper Stage
Subs_,stem

Mechanisms
Passive Thermal Control
Electric Power
C&DH

GN&C

Reaction Control Subsystem
Propulsion Subsystem
Nuclear Rocket En_gines
Total Upper Stage Inert Weight

Inert Weight, Ibm
3,000-1b payload I 10,000-1b payload

3,889 5,823
34 112

446 616
300 300
182 182
160 160
223 239
175 175

5,410 5,410
10,819 13,017

Table 22. Inert weight statement for nuclear thermal concept refuel tank.

Refuel Tank Assembly

Subs_,stem
Structures

Inert Weight, Ibm
3,000-1b pa_,load

3,189
10,000-1b pa_,load

4,891
Mechanisms 34 112
Passive Thermal Control 446 616

175

3,844
Propulsion Subsystem
Total Refuel Tank Inert Weight

175

5,794
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Table 23. Overall weight statement for nuclear thermal concept resupply.

AIST Concept

Weil_ht Cate_or' i'

Loaded AKM Weit]ht

Refuel Tank Inert Weight

Resupply Fuel Weight

Replacement Parts Weight
Total LEO Delivery Weisht

Refuel Deliver]¢ ASE Weight
Total LEO Transport Weight

Weight, Ibm

3,000-1b pa_,load
2,856

3,844

10,612

10,000-1b payload

9,520

5,794

17,263

172 240

20,484 42,817

3,073 6,423

23,557 49,240

The nuclear rocket engine subsystem consists of a single, NERVA-derived, solid nuclear thermal
rocket engine, nozzle, radiation shielding, and turbopump for the liquid fuel. The engine would have a
maximum thrust of 15,000 lbf at an Isp of 900 s, which results in a fuel mass flow rate of 16.7 lb/s (7.6
kg/s). Its fuel was liquid hydrogen stored in a single insulated tank. No oxidizer was required since the
engine heated the fuel directly. The design of the structure, RCS, mechanisms, thermal, GN&C, C&DH,
and power subsystems are the same as the cryo system. Because the nuclear concept is space-based, the
replacement percentages are lower than for the ground-based reusable cryogen concept.

7.6.2 Concept Mission Profile

The nuclear thermal stage carries a payload with an AKM. The nuclear stage delivers the payload
and its AKM from LEO to GTO. For the 3,000-1b payload concept, the required burn time is estimated at
374 s; for the 10,000-1b concept, 695 s. Following the burn, the upper stage shuts down the nuclear reac-
tor, but continues to flow fuel (4 percent of that burned) for several minutes to cool the engine. At GTO,
the AKM fires.

When the stage completes one full orbit in GTO, it fires its nuclear engine and shifts the orbit from
GTO back to LEO. A small plane change maneuver is required during the return transfer from GTO to
LEO to correct for differential nodal regression. For the 3,000-1b payload concept, the required burn time
is estimated at 203 s; for the 10,000-1b concept, 248 _s. Following the burn, the upper stage shuts down
the nuclear reactor, but continues to flow fuel (4 percent of that burned) for several minutes to cool the
engine. Once in LEO, the upper stage enters sleep mode orbiting the Earth until rendezvous with the next
HRST vehicle for refuel and payload attachment (the upper stage uses an additional delta-V of 330 ft/s to
rendezvous with the HRST). For the last mission the upper stage uses its delta-V capability to either

escape Earth's gravity or to enter a safe circular Earth orbit at an unoccupied, intermediate altitude between
LEO and GEO. Because of the radiation hazard associated with the used nuclear reactor, the spent upper

stage is not allowed to reenter the Earth's atmosphere.

7.6.3 Concept Cost Analysis and Recommendations

Distributions of cost for the 3,000-1b payload is shown in figure 19. Life-cycle cost for the nuclear

stage (3,000-1b payload) includes three principal and roughly equivalent contributors: transport to LEO,
production units, and nonrecurring cost (which includes DDT&E). The main contributor to the nonrecur-
ring cost is the DDT&E. DDT&E and unit production is less significant for the 10,000-1b payload case,
and launch cost accounts for 43 percent of the total life-cycle cost. The predominant factor affecting

DDT&E cost is the engine cost, which accounts for 90 and 88 percent, respectively, of the DDT&E cost
for the small and large stages. The predominant factor affecting first unit cost is the engine cost, which
accounts for about half of the first unit cost in both cases.
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Distribution of Life Cycle Cost Distribution of Unit Cost

26% Non
Rec. 29% Launch

9%

15% Fee 13% Structures & Mech

1% Elec. Power

1% C&DH
5% GN&C

1% RCS

2% Propulsion
Subsystem

11%
Operations SE&I

21% Production
13% Parts Units 10% Integration,

Ass'y, & Checkout 1% AKM

Total $6,671M = $5,563/Ib

27% Nuclear
Rocket Engine

Figure 19. Cost distributions for the nuclear thermal 3,000-1b payload.

The engine cost totally dominates the cost of both DDT&E and stage (production). The high devel-
opment cost affects the nonrecurring cost making it comparable to all other costs in the life-cycle cost
analysis. Since this stage is reusable, only 24 units need to be built, and the production cost does not
dominate other categories in the life-cycle cost analysis. Because the high engine cost dominates all other
costs, the ASE did not play a significant factor in the overall cost. The predominant contributor to DDT&E
and unit cost is the nuclear rocket engine, and the predominant contributor to life-cycle cost, about 40
percent of the total, is transportation to LEO. The nuclear stage was assigned a lifetime of 50 uses based
on projected engine life. As noted, this is greater than most of the other concepts and reduces the
contribution of vehicle production to life-cycle cost.

The initial thrust-to-weight for a nuclear upper stage in this application should be about 0.2. This
translates to a thrust of about 2,500 lb for the 3,000-1b payload and about twice that for 10,000 lb.
Reducing the thrust of the nuclear engine probably offers little weight reduction since a certain size is
needed for nuclear criticality. An advanced core construction, such as particle bed or the Russian twisted
metallic element, could help on the weight, but would probably reduce life and might not save cost.

A more promising approach would be multiple manifesting so that the delivery weight to GTO is
increased. In combination with multiple manifesting, reducing the size of the AKM and using electric pro-
pulsion on the satellite payload for part of the GEO insertion could be considered (this assumes that most
will be equipped with electric propulsion for stationkeeping). Even with these improvements, the nuclear
stage appears to have less cost reduction potential than the other reusable candidates. In view of public
safety issues, operations costs for the nuclear system may be substantially underestimated A detailed cost
analysis breakdown can be found in appendix J of this report.

8.0 STUDY RESULTS AND SENSITIVITIES

There were several limitations to the study that have some impact on the results. The study team
tried to bring all the concepts to the same level of detail in their design but, due to the study scope and
manpower limitations, this could not be done. The following comments should be taken into account when

reviewing the results of the study.
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Since a detailed design was not made for each of the concepts considered in this study, there is a
difference in the level of detail for some of the concepts. Some of the concepts were based on existing

systems where a lot of information was available. Other concepts have been studied previously, while
some of the concepts were much more immature. This difference in the level of detail available on the con-
cepts has an impact on the weight estimations, complexity factors, manufacturing costs, and other factors
that affect the life-cycle cost of the systems.

The NASCOM cost estimating tool, which provides DDT&E, production, and first unit costs, is
based on weight and complexity factors. Since a heavily machined part would weigh less than an
unmachined part, the lighter, heavily machined part would be costed less. In addition, less complex sys-
tems that may bc heavy would be costed higher than more complex systems. Therefore, full accounting for
complex machining, expensive manufacturing processes, and full credit for simple design may not be
included in this study.

Since all concepts were assumed to be capable of being at TRL 6 by the year 2005, no accounting
of maturing the technologies to this TRL was done. This study assumes that all necessary technologies to
enable a given concept will be in place. It was out of the scope of this study to estimate the cost to mature
the technologies to TRL 6.

Since a detailed design approach was not taken (and could not have been within the scope and
manpower of this study), there may not be enough detail to delineate between a reusable and expendable
system. In other words, it was not evident that the design for the reusable s_'stems took into account all
reusability issues. Reusable systems may need to be designed to accommodate easy tank replacement,
micrometeroid shielding, anddocking/grappling systems. In addition, indepth analyses for required
activities such as propellant resupply and payload integration for in-space reusable systems, repair and
change out of parts, and diagnostic techniques for determining the health of a reusable system were not
performed.

Reliability differences between the systems should be taken into account, especially since there is
such a large difference in the TRL's of the concepts today. For example, there was no reliability
delineation between the solid and the nuclear thermal concept, even though solids have been used for over
20 years and nuclear concepts have yet to be used in flight. In addition, the sensitivity to reliability for each
concept was calculated based on just changing the percent reliability and looking at its effect on the number
of replacement vehicles required. Due to the constraints of the study, changes to the designs of the
vehicles, to account for increased reliability, was not done. Therefore the total cost impact of increasing a
systems reliability was not included in this study.

Finally, this study assumes that services provided by current launch vehicles to their payloads will
also be provided by the HRST to its payloads (i.e., power, air conditioning, etc.).

8.1 Results of Cost Analyses

The final input data for the cost analyses are presented in tables 24 and 25. The tables include mass
properties input to the NASCOM and life-cycle cost models, cost-related design parameters, NASCOM
top-level results (DDT&E and first unit costs), and operations and life cycle system parameters. When
comparing concepts, caution should be made when making conclusions regarding absolute dollar values
(e.g., first unit costs), since this study was conducted at a very high systems level and many assumption
had to be made in all areas of costing.

Graphical life-cycle cost comparisons of the concepts was shown in figure 4. Although the mag-
nitudes of the various components of the life-cycle costs vary for the different concepts, there is not a large
difference between the total life-cycle costs of the concepts. For all the concepts, launch costs and
hardware costs are the dominant contributors.

Since stage (production) seems to be the predominant factor in costing, in most cases, the reusable
concepts seemed less expensive over an expendable concept simply based upon the number of stages
needed to be produced. Inall cases except the nuclear thermal, the total nonrecurring cost and operations
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costwerequiteinsignificant.Eachof thesecostsusuallyamountedto lessthan10percentof thetotallife-
cyclecost.SinceLEO launchcostsplayedapredominantrolein the life-cyclecost,reductionof weightis
adesirablequality.Structureis theprimarycontributorto thisweightfor all systemsexceptthesmallpay-
loadnuclearsystemwherethesmallestpostulatedavailableengineismuchlargerthanneededfor this
payloadclass.Structureincludespropellanttanks.Nuclearthermalrocketenginesdonotscaledownwell
to very low thrustlevels.For thesmallersystems,avionics(includeselectricalpoweron thesegraphs)is
alsoamajorcontributor.Competitivenessof theSEPdegradeswith thelargerpayloadsizebecauseits
productioncostis mainlydrivenby solararraycost.Arrayunit costswerenotdecreasedin viewof the
greaterproductionfor thelargersystems.Theothersystemsbenefitmore,in termsof unit cost,from
largerpayloadsbecauseavionicscostsareamoresignificantpartof thetotalanddonot increaseas
vehiclesaremadelarger.DDT&E is significantfor thenuclearvehicle.

For the3,000-1bpayloadat20 flightsperyear,thebestsystemsat about$5.1billion life-cycle
costsareforecastat about$4,300/lbto GEO,asshownin figure20.For the 10,000-1bpayload,thebest
systemsareabout$2,200/1b.The studytargetis $1,000/lb.Higherflight ratesreduceperpoundcostas
expected.Notethatwith theassumed$200/lblaunchcost,thetotal launchedmassmustbelessthanfive
timesthepayloadmassor launchcostalonewill exceedthetarget.Referringto figure21,onlythe
expendablesystemssatisfiedthiscriterionatthe3,000-1bpayload.At the 10,000-1bpayload,the
expendablesystemsandtheSEPmeetthecriterion.

Thesolarthermalconceptwassurprisinglyhighwhencomparedtotheotherexpendableconcepts•
Thismaybebecausethestagecostingwasbaseduponalot of directinputdueto theunusualnatureand
lackof historicalinformationexistingfor thestage.

Table24.Final inputsto the life-cycle cost.
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Figure 20. Cost per pound to GEO.
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Figure 21. Mass to GEO.

8.2 Sensitivity Results

Several sensitivity analyses were completed to identify significant variables and their effects on the
life-cycle cost of a concept. These analyses were conducted to determine the effect of changing a given
variable on the life-cycle cost. Also of interest was whether the order of the concepts, from lowest to high-
est life-cycle cost, changed when a given variable was changed.

As shown in figure 22, changing the LEO launch costs (in dollars per pound) had a significant
effect on the order of the concepts when using the 3,000-1b payload at a flight rate of 20 per year. While
the $4,000/lb to LEO places the cryo and nuclear concepts at the highest life-cycle costs, decreasing the
LEO launch costs to $100/lb makes these concepts competitive to the other concepts. Once launch price
rises above $500/lb, systems with greater launch mass begin to be penalized relative to those with less.
For high LEO per pound launch cost, the GEO delivery cost is driven primarily by system mass. As LEO
launch costs are lowered to the HRST goal, the effect of system mass on GEO launch costs is reduced.
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Figure 22. Varying LEO launch costs.

STUS

-Hybrid

When the flight rate for each of the concepts was changed to 50 per year (instead of 20 per year),

there was no change in the order of the concepts when listed from lowest to highest life-cycle cost for a

3,000-1b payload. The only change for the 10,000-1b payload is for the nuclear concept. This concept

dropped slightly below the solid concept.

Increasing the program duration spreads the DDT&E cost over a greater number of flights and

delivers small gains in unit cost due to any improvement in production learning. Figure 23 illustrates this

sensitivity. Commercial investors want to see returns on investment in 10 years or less. Changing the cost

of operations and facilities by a factor of two has relatively little influence on cost, as indicated in figure
24.
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Looking at varying the number of reuses for the concepts reveals a very significant effect on the
dollars per pound to GEO. Care should be taken when interpreting these results, since reuse issues were
only addressed by including "spare parts" for the costing for additional uses of the systems. Full consid-
eration for the reusable designs to accommodate easy tank replacement, micrometeroid shielding, and

docking/grappling systems was not taken into account. Also, required activities such as propellant resup-
ply and payload integration for in-space reusable systems, repair and change out of parts, and diagnostic
techniques for determining the health of a reusable system were not done indepth. Figure 25 shows dollars
per pound to GEO versus the number of unit reuses (up to 10 reuses), for the reusable concepts from this
study. Expendable systems are plotted only for one use. Reusable systems reach a roughly competitive
range in 10 uses. However, even with this limited information, it is evident that with even one reuse of the
unit, a significant cost savings is incurred. The graph appears to have a logarithmic shape, which indicates
that there is a limit to the number of reuses that would provide any significant cost savings. Higher
reusability rates offer some additional reductions, but with the other assumptions in this study (operations
cost and spares requirements), most of the benefits of reuse are obtained in 10 uses. In general, the higher
the first-unit cost, the higher the number of reuse flights required to be cost competitive. If operations and
spares costs can be driven to low levels, as is the case for aircraft, greater numbers of reuses, at least up to
thousands, offer significant payoff.

Combining projected improvements for rate, reliability, facilities, and reuse results in a cost for the
reusable cryo system at the 3,000-1b payload of a little over $3,000/lb. Thus, combinations of the sensi-
tivities do not enable reaching the study goal. The two greatest leverages for life-cycle cost, apart from
launch cost, are launch mass and hardware production cost. A cursory examination of cost graphs in the

preceding sections, especially those showing contributions to total cost per pound, indicates that launch
mass and hardware production cost must be attacked to have any chance of reaching the cost goals.

Appendix K identifies some areas where mass reduction could be accomplished.

3,000-1b Payload to GEO
(LEO Delivery @ $200/Ib)

O
UJ
(3
2
.Q

SOLID EXP HYBRID EXP CRYO REU NUC REU SEP REU STP EXP

Figure 25. Dollars per pound to GEO versus the number of unit reuses.
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9.0 CONCLUSIONS AND RECOMMENDATIONS

9.1 Study

A.

B.

C.

D.

E°

Conclusions

LEO transportation costs, even at $200/lb, was still a dominant cost (first or second highest) in

the life of every concept evaluated. Sensitivity studies reveal that launch costs must drop below

$100/lb before LEO transportation costs become less significant. Efforts must also be made to

further reduce the weight to be launched---especially the stage dry weight and the ASE weight.

Stage production costs, even with a 90-percent learning curve, was also a dominate cost (first

or second highest) in the life of every concept evaluated. Sensitivity studies reveal that the

learning curve must drop below 80 percent before stage production costs become less signifi-

cant. For all of these systems, especially the reusable systems, incorporating technologies and

practices that would increase the reliability of the systems to a desirable level would lower the

need for replacement vehicles and lower the stage production costs effect on life-cycle costs.

Efforts must also be made to further reduce the first unit cost--especially for the structures,

GN&C, and advanced solar arrays subsystems (note that this is based upon costing using
weights and complexity factors).

The specified HRST design, as specified in this study, cannot provide a single launch for any

of the concepts to deliver a 10,000-1b payload to GEO. A single launch is required just for the

payload and AKM (if required). The HRST should be able to provide a single launch for the

solid, hybrid, SEP, and STUS concepts to deliver a 3,000-1b payload to GEO. A slightly

larger version should be able to provide a single launch for the cryogen concept. Note that this
is based upon weight values alone; volumes of the systems with the payloads were not investi-

gated.

Total nonrecurring costs were four to ten times lower than total recurring costs for the concepts
evaluated.

Investments need to be made in automated or semi-automated on-orbit refueling, assembly, and

payload processing if the HRST is to accommodate the 3,000-1b payload nuclear concept, as
well as the 10,O00-1b payload concepts.

9.2 Recommendations for Future Studies

38

A° Explore indepth the issues and technological requirements of reusable systems. A comparison

could then be made between reusability and expendability for the solar thermal system, and an

understanding gained of the complexities and potential cost savings of reusability.

B. Study in more detail what could be done to reduce the costs further.

C. Examine in more detail the tether systems. This study looked at the dynamic tether, however

not enough information was available to do an indepth analysis of this concept. More careful

study is required to understand the cost saving potential of a tether concept. Study of other

tether concepts is also recommended including the electro dynamic tether concept and a

mechanical momentum exchange concept. These additional concepts should be examined to

understand their orbit transfer capability and limits.



D, The life-cycle cost model that was developed and used in this study could be used as a tool to

look at previous studies on in-space systems. Previous cost analyses have not included an

indepth analysis of complete life-cycle costs. This life-cycle cost model could also be used for
further studies. Some refinement of the model is recommended, especially in the area of opera-

tions, including ground and in-space operations and facility requirements.
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APPENDIX A

STUDY TEAM

The AIST study team consisted of members from both NASA MSFC and Boeing Participants are
listed below:

NASA Study Team Members

Robert Armstrong
Leslie Curtis
John Fikes

Scott May
Jim McCarter
Jeff Morton
Mahmoud Naderi

Saroj Patel
Alan Philips
James Thompson
Stephen Tucker
Melissa Van Dyke
Ron White
Jim Wiser

NASA Responsibilities

• Determination of mission models
• Final documentation (final report) of study
results

: Operations queing model program
Assignment of complexity factor for all

concepts
• All details associated with the solar thermal,

solid, and hybrid concepts
NASCOM costing of all concepts

Boeing Study Team Members

Patricia Buddington
Benjamin Donahue
Ronnie Lajoie
Monte Perry
Jim Turney
Irwin Vas
Gordon Woodcock

Boeing Responsibilities

• Phase 2 and Phase 3 costing (except for
NASCOM)
• All details associated with cryogenic,
nuclear, tether, solar electric, andlaser
concepts
• Operations (except for queing model)
• Sensitivity cost results
• Chemical propulsion trades
• Lunar and Planetary, and Mass Reductions
Appendices

Pugh Concept Selection Team Members:

NASA:
Alan Adams

Robert Armstrong
Norman Brown
Janet Crawford
Leslie Curtis

James Thompson
Boeing:
Patricia Buddington
Benjamin Donahue
Ronnie Lajoie
Monte Perry
Irwin Vas
Gordon Woodcock

Joint Responsibilities

• Concept assumptions
• Pugh concept process and results

: Operations assumptions
Recommendations and analysis

• Conclusions and recommendations

• Initial concept identification and selections
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APPENDIX B

COST MODEL

B.I Nonrecurring Costs

B.I.1 Design, Development, Test, and Evaluation Cost Model

Since the AIST concepts incorporate only those technologies that are at TRL-6 or higher by the
year 2005, the DDT&E cost does not include any research and development (R&D) cost to bring current
(1995) pre-TRL-6 concept technologies up to TRL-6 or beyond. Subsystems costed are structures,
mechanisms, passive thermal control, active thermal control, electric power, C&DH, GN&C, reaction
control system, propulsion, SRM's, liquid rocket engines, advanced solar arrays, electric propulsion
engine, nuclear rocket engine, absorber/gimbal, collector/optics/mechanism, AKM, and ASE. Each upper
stage concept does not necessarily utilize all of these subsystems.

NASCOM was used to compute, where feasible, the DDT&E cost (in 1995 dollars) associated
with each upper stage concept. This cost is the sum of the design and development (D&D) and the system
test hardware cost. (The D&D cost is the summation of the costs for design and development for each
specified subsystem, ground support equipment (GSE), system engineering and integration (SE&I), and
program management. The system test hardware cost is the summation of the costs of the system test
hardware for each specified subsystem, integration, assembly, and check-out (IA&CO), system test

erations, GSE, system engineering and integration (SE&I), and program management.) Typical
vernment-funded contract fees, program support, and contingency, were not included since the upper

stage was assumed to be a commercial development for the AIST study.

For subsystems contained in the NASCOM data base/model, the DDT&E cost for each subsystem
is computed with the following equation:

CD : a * I4/0 * foc * fNo ,

where W is the weight of the subsystem, a and b are subsystem DDT&E cost coefficients from the
NASCOM model,fo c is a user-specified subsystem design complexity factor,fR o is a user-specified sub-
system new design percent factor.

For the structures, passive thermal, active thermal, avionics (power, C&DH, GN&C), reaction
control system (RCS), propulsion, liquid rocket engines, and ASE subsystems, the coefficients a and b
are based on those provided for the Atlas Centaur-G upper stage. For the main SRM's subsystem, the
coefficients a and b are based on those provided for the Boeing inertial upper stage (IUS). For the AKM
subsystem, the coefficients a and b are based on those provided for the average unmanned Earth orbital
spacecraft. For each subsystem, the design complexity factor is based on the design difficulty when com-
pared to the design complexity of a reference vehicle (i.e., Centaur-G, a reference vehicle is assigned a
factor of one). Table B- I describes the design complexity factors. The percent new design factor indicates

the percentage of new design for the vehicle as compared to a flame of reference vehicle (i.e., a 1 indicates
a 100 percent new design). Table B-2 describes the new design percent factors.

Table B-1. NASCOM design complexity factors.

Factor Ranlge
0.1 to 0.2
0.3 to 0.5
0.6 to 0.9
1.0

1.1 to 1.5

1.6 and up

Explanation
Extremely low complexity compared to the NASCOM reference
Very low complexity compared to the NASCOM reference

Moderately low complexity compared to the NASCOM reference
Equivalent complexity compared to the NASCOM reference
Moderately high complexity compared to the NASCOM reference
Very high complexity compared to the NASCOM reference
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TableB-2. NASCOM newdesignpercentfactors.

FactorRange
0.0
0.1to0.2
0.3to0.4
0.5to0.6
0.7to0.8
0.9
1.0
1.1andup

Explanation
Totallyofftheshelf;hardwaremaybepurchased;noqualificationneeded
Mostlyofftheshelf;requiresveryminormodificationsandqualifications
Mostlydesigned;requiresminormodificationsandqualifications
Basicdesignexists,butrequiressignificantmodifications(abouthalf)
Similardesignexists,butrequiresmajormodifications(mostlynew)
AlmostequivalentDDT&EeffortcomparedtotheNASCOMreference
EquivalentDDT&EeffortcomparedtotheNASCOMreference
AdditionalDDT&EeffortcomparedtotheNASCOMreference

Forsubsystemsnotcontainedin theNASCOMdatabase/model,theDDT&E costisdeterminedby
outsidemeans.Thesesubsystemsincludesolarthermalabsorber,concentrator,gimbals,struts,solar
electricadvancedsolararrays,electricpropulsionengine,andnuclearthermalpropulsionengine.Thesolar
thermalabsorber,concentrator,gimbals,andstrutscostsarebasedonpreviouswork performedby NASA
MSFCfor asolarthermalupperstagestudy.Thesolarelectricadvancedsolararrayscostis setto twice
theassociatedfirst-unitproductioncost.Theelectricpropulsionenginecostis setequalto thesolarthermal
absorbercost.Thenuclearthermalpropulsionenginecostis basedonpreviouswork performedby NASA
LewisResearchCenterfor aNERVA-derived15,000-1b-thrustenginestudy.

B.1.2 ASE Production

ASE production cost is equal to the number of ASE units required multiplied by the associated
first-unit production cost. The number of ASE units is expected to be low, so no production efficiency
factor is applied.

B.1.3 Refuel Tank Production

Since the refuel tank for the reusable concepts is the same as the fuel tank for a new stage, there is
no (or very negligible) additional DDT&E cost for the refuel tank. Refuel tank production cost IS equal to
the number of refuel tanks required multiplied by the associated first-unit production cost. The number of
refuel tanks is expected to be low, so no production efficiency factor is applied.

B.I.4 Facility Nonrecurring

Facility nonrecurring cost is based on whether the stage concept is expendable, reusable, or reus-
able nuclear. Facility nonrecurring cost for expendable upper stage concepts is equal to $35M; $15M to
cover construction of buildings and installation of basic essentials (power, water, heating, etc.), and $20M
to cover the purchase and installation of furniture, phones, computers, and other equipment. Facility non-
recurring cost for reusable upper stage concepts (except nuclear) is equal to 1.4 times that of expendable
concepts, to $50M, to cover the additional facilities required for refurbishment of engines and/or refuel
tanks. Facility nonrecurring cost for reusable nuclear upper stage concepts is equal to 2.0 times higher that
of nonnuclear reusable concepts, to $100M, to cover the additional facilities required for handling nuclear
engines.

B.2 Recurring Costs

B.2.1 LEO Transportation

The cost for LEO transportation is equal to the total weight to be transported to LEO multiplied by
the HRST LEO transportation cost perpound. For the expendable upper stage concepts, the total weight
transported to LEO is the summation of the weight delivered to LEO (including the associated ASE
weight), multiplied by the number of flights. For the reusable upper stage concepts, the total weight trans-
ported to LEO for new stages is the summation of the total weight transported to LEO for new stages
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(includingtheassociatedASEweight)multipliedby thenumberof flightswhichdelivernewstages,and
thetotalweighttransportedto LEO for reusedstages(includingtheassociatedASEweight)multipliedby
thenumberof flightswhichdeliverreusedstages.

B.2.2 Upper Stage Production

The subsystems are structures, mechanisms, passive thermal control, active thermal control, elec-
tric power, C&DH, GN&C, reaction control system, propulsion, SRM's, liquid rocket engines, electric
propulsion engine, advanced solar arrays, absorber/gimbal, collector/optics/mechanism, nuclear rocket
engine, apogee kick motors, and airborne support equipment. Each upper stage concept does not neces-
sarily utilize all of these subsystems.

NASCOM was used to compute, where feasible, first-unit production cost (in 1995 dollars) asso-

ciated with each upper stage concept. This cost is the sum of the costs for each specified subsystem,
SE&I, and program management. Typical Government-funded contract fees, program support, and con-
tingency were not included since the upper stage is assumed to be a commercial development.

For subsystems which are contained in the NASCOM data base/model, the first-unit production
cost for each subsystem is computed with the following equation:

CD = a * W_' * fec,

where W is the weight of the subsystem, a and b are subsystem first-unit production cost coefficients from
the NASCOM model,fp c is a user-specified subsystem production complexity factor.

For the structures, passive thermal, active thermal, avionics (power, C&DH, GN&C), RCS, pro-

pulsion, liquid rocket engines, and ASE subsystems, the coefficients a and b are based on those provided
for the Atlas Centaur-G upper stage. For the main SRM s subsystem, the coefficients a and b are based on
those provided for the Boemg IUS. For the AKM subsystem, the coefficients a and b are based on those
for the average unmanned Earth orbital spacecraft. For each subsystem, the production complexity factor
is based on the manufacturing difficulty when compared to the manufacturing complexity of a reference
vehicle (i.e., Centaur-G, a reference vehicle is assigned a factor of one). Table B-3describes the produc-
tion complexity factors.

Table B-3. NASCOM production complexity factors.

Factor Range
0.1 to0.2
0.3 to 0.5
0.6 to 0.9
1.0
1.1 to 1.5

1.6 and up

Explanation

Extremely low complexity compared to the NASCOM reference
Very low complexity compared to the NASCOM reference
Moderately low complexity compared to the NASCOM reference
Equivalent complexity compared to the NASCOM reference
Moderately high complexity compared to the NASCOM reference
Very high complexity compared to the NASCOM reference

For subsystems not contained in the NASCOM data base/model, the first-unit production cost is
determined by outside means. These subsystems include solar thermal absorbers, concentrators, gimbals,
and struts, solar electric advanced solar arrays, and electric propulsion engines, and nuclear thermal pro-

pulsion engines. The solar thermal absorber, concentrator, gimbals, and struts costs are based on previous
work performed by NASA MSFC for a solar thermal upper-stage study. The solar electric advanced solar

arrays are produced at $600/W. The electric propulsion engine cost is equal to the solar thermal absorber
first-unit production cost. The nuclear thermal propulsion engine cost is based on previous work per-
formed by NASA Lewis for a NERVA-derived 15,000-1b-thrust engine study.

A production efficiency factor was used for those subsystems contained in the NASCOM data
base/model. The factor was based on a production learning curve (LC) percent as follows:
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fee = [((N+0.5) E-l'5e) / E+I] / N ,

where N is the number of upper stages or AKM's required or the number of "reused stage" flights requir-
ing replacement parts, and

E = In(LC) / ln(2)+l .

Upper-stage production cost for each concept is equal to the number of upper stages required multiplied by
the first-unit production cost as computed via NASCOM, multiplied by a production efficiency factor.
AKM production cost is equal to the number of AKM's required multiplied by the first-unit production
cost as computed via NASCOM, multiplied by a production efficiency factor.

B.2.3 Replacements/Spares

For reusable upper-stage concepts, the replacement parts/spares are the same as those produced for
the stages, so there is no additional DDT&E cost. Production cost is equal to the number of replacement
part sets required multiplied by the associated first-unit production cost as computed via NASCOM, multi-
plied by a production efficiency factor.

B.2.4 Operations/Labor

For all upper stage concepts, the average burdened hourly wage for ground operations personnel is
$50/h (based on discussions with Boeing IUS management). This wage accounts for the average per-
worker cost of technician-level salary, benefits (i.e., holidays, vacations), and overhead (i.e., ground
operations administrative support and management oversight). The average burdened hourly wage for
mission operations personnel is $100/h (based on discussions with Boeing IUS management). This wage
accounts for the average per-worker cost of engineer-level salary, benefits, and overhead (i.e., mission
operations administrative support and management oversight). Based on standard Boeing cost-estimation
practices, the average number of hours worked per year per worker is 1,840 h. All facility-related costs are
handled separately (i.e., wages do not pay for the average per-worker cost of building and equipment
maintenance and depreciation, nor utilities).

Operations labor cost is equal to the sum of the ground operations labor cost and the mission
operations labor cost. Ground operations labor cost is equal to the number of ground operations personnel
required, multiplied by the appropriate burdened hourly wage, multiplied by the number of hours worked
per year, and multiplied by the number of years required details the operations labor cost model. Mission
operations labor cost is equal to the number of mission operations personnel required, multiplied by the
appropriate burdened hourly wage, multiplied by the number of hours worked per year, and multiplied by
the number of years required. Appendix F details the operations/labor cost model.

B.2.5 Facility Maintenance

Facility maintenance cost is equal to the number of years required multiplied by the annual facility
maintenance cost. Annual facility maintenance cost for each upper stage concept is 10 percent of the asso-
ciated facility nonrecurring cost. This pays for the average annual cost of building and equipment main-
tenance and depreciation, and utilities (electricity, water, phone, etc.).

B.2.6 Raw Propellant

The cost for solid propellants is $3/lb. This cost encompasses the solid and hybrid concepts as well
as the AKM's. The cost for hquid hydrogen is $2.50/lb. This encompasses the cryogen, solar thermal,
and nuclear thermal concepts. The cost for lox propellant is $1/lb. This encompasses the hybrid, storable,
and cryogen concepts. The cost for all other liquid propellants is $10/lb. This includes the liquid xenon or
hydrazine used by solar electric propulsion upper stage concepts.
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Propellantcostis equalto thesumof upperstagepropellantandAKM cost.For eachconcept,the
totalpropellantcostiscomputedasthetotalpropellantweightrequiredperflight, multipliedby thenumber
of flights,andmultipliedby therawpropellantcostperpound.
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APPENDIX C

LASER ELECTRIC

A previous study (NAOMI) had indicated cost advantage for a laser-electric propulsion system
compared to a reusable cryogenic upper stage of the type considered for this study. The laser electric sys-
tem uses a high-power ground-based laser to illuminate a photovoltaic receiver on the upper stage at sev-
eral suns' intensity. The higher conversion efficiency attainable with monochromatic light, -50 percent,
and the high intensity, give the electric propulsion upper stage very high power generation performance. A
disadvantage is that opportunities for power transfer are infrequent when the vehicle is in a low orbit.

C.1 Laser Electric Concept

The laser electric concept is derived from the SELENE and NAOMI studies. The laser electric sys-
tem uses one or more high-power ground-based lasers to illuminate a photovoltaic receiver on the upper
stage at several Suns' intensity. The higher conversion efficiency attainable with monochromatic light, -50
percent at reference temperature, and the high intensity, give the electric propulsion upper stage very high
power generation performance. The reference system of these studies used four to six ground-based laser
sites.

The actual efficiency achieved in the baseline system is about 30 percent because it is optimal to
operate the photovoltaic array at several Suns' intensity which drives its efficiency down due to thermal
coefficient of the photovoltaics. The reference system operated at 7 Suns, with a gallium arsenide array
temperature about 200 °C. The laser power on the array is 300 kW, which requires a total laser light output
(on the ground) between 1 and 2 mW. The electric output is 91 kWe, which rates this system nearly twice
the power of the SEP evaluated in this study. The array output is about 3,000 W/m 2 compared to about
240 W/m 2 for the SEP.

The overall upper stage dry mass was estimated at 1,783 lb, which is very light compared to the
SEP considered in this study at over 5,000 lb. The total propellant load was 2,630 lb. The payload was
4,000 lb. The initial mass in Earth orbit was 8,413 lb. Because the laser electric system has higher power
and less mass it tends to optimize at higher Isp; the NAOMI study of orbit transfer used 800 s for leg I,
from 500 km circular to 5,000 km circular, and 3,000 s for leg 2 and the entire return profile.

The low inert mass compared to the present study arose from very aggressive technology projec-
tions in addition to the high performance of the photovoltaic collection and conversion system. It was
assumed, for example, that the laser electric vehicle would be assembled on orbit and its structure therefore
would not have to carry launch loads. Avionics were assumed to be "new millennium" class. Technology
levels for the electric propulsion system and its thermal control system were, by comparison, less aggres-
sive. The propellant system was assumed 15 percent of propellant mass, which is reasonably conservative
unless the propellant is hydrogen.

Two legs are used on the ascent mission because the laser electricpropulsion stage, in a LEO, is in
a line-of-sight position relative to one of the lasers only about 2 percent o/the time. Therefore, thrusting
opportunities are infrequent. Use of reduced Isp and high efficiency resistojet thrusters for the early part of
ascent increases the thrust available by about a factor of 6 compared to the 3,000 Isp system. This reduces
the time spent in leg 1 by this factor. Once altitude of a few thousand kilometers is achieved, the illumina-
tion duty factor is much improved and the system switches to high Isp. It can be shown that under this
illumination situation, a dual-Isp approach gives less initial mass for any specified trip time. Continuously
variable Isp offers further improvement, but implementation of continuously variable Isp might prove
difficult.
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A point designwasnotcreated,asstudyresourceswereverymeager.

C.2 Reusable Cryogenic Concept

The reusable cryogenic concept was the same as chosen for the present study, i.e., a reusable

hydrogen-oxygen system which delivers a payload plus AKM to geosynchronous transfer, and then
returns to LEO for reuse. The stage was assumed left in LEO and refueled there for the next mission
instead of returned to Earth for reuse processing as in the present study.

A significant difference was the lower cryo stage inert weight assumed for the NAOMI studies. At
the time this trade was done, inerts estimates for the present study were not available so the earlier NAOMI
values were used. The propellant fraction was 0.85 compared with approximately 0.77 in the present
study. A propellant fraction near 0.85 is believed achievable with advanced technology structures and
avionics.

C.3 Cost Leverages of the Laser System

The laser system has a low resupply mass compared to the cryogenic system. Since the laser sys-
tem delivers the payload to GEO (not to GTO) it does not need an AKM. The resupply requirement to fly a
"next" mission is propellant and delivery of the payload. The total delivery mass, according to the refer-
ence study, was 6,630 lb plus propellant container mass and payload transfer provisions. The reusable
cryo stage was predicted by the reference study to require resupply mass over 21,000 lb. Since the range
of launch (to LEO) cost for the reference study was $1,600/lb to $5,000/lb, the mass advantage of the
laser system translated to a very important cost advantage.

C.4 Cost Model Discussion

The reference cost model considered cost of transportation to LEO, amortization of upper stage
hardware, and trip time cost. Under the ground rules of the NAOMI study, which focused on relatively
high transportation cost to LEO, operations costs were not seen as important to the trade. Almost all the
cost is in transport to LEO and trip time cost as shown in figure C-1. It is important to note that trip time
cost was very significant in the NAOMI study and not included in the AIST study. The NAOMI study also
considered effects of nonrecurring cost, but separately as an investment analysis. Life-cycle costs were not
calculated. Results of investment analysis indicated that the nonrecurring investment in the laser electric
system, including R&D of the lasers, was justified at modest traffic under current launch costs. At pro-
jected RLV cost, traffic on the order of 50 payloads per year is needed to amortize the laser electric system
nonrecurring cost.

C.5 How Does the Trade Come Out With HRST?

The referenced study indicated a significant trend of reducing benefit with reducing Earth-to-orbit
cost. The laser electric advantage is about 2:1 at current launch cost and about 20 percent with projected
RLV cost at $1,600/lb, as shown in figure C-2, the laser electric advantage disappears under the assump-
tions of the reference study at a representative HRST cost of $200/lb. At this preliminary stage of the AIST
study, this result was taken as reason to eliminate the laser system from further consideration.

C.6 How Can the Laser Concept Be Made More Competitive?

The large impact of trip time cost in the reference study indicates that the laser system could be
reoptimized for shorter trip time, using more power and less Isp, to become more cost competitive. Earlier
laser electric parametric studies indicated feasibility of trip times as short as 20 days. The laser system
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mightbecomecompetitivewith theotherAIST optionssimplybyremovingthetrip timecostfromconsid-
erationaswasthenormfor theAIST study.

Laser Vehicle
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Cost

Figure C-1. Distribution of laser-electric cost in NAOMI study.
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Figure C-2. Laser electric concept trades.
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APPENDIX D

CHEMICAL PROPULSION CONCEPT TRADES

The following ground rules and assumptions were used in this quick study:

• Examine payload weight of 3,000 lb and 10,000 lb.

• Launch cost-per-pound for delivery to LEO will be $200.

The time to recoup DDT&E cost will be 5 years. All chemical concepts will perform the same
LEO to GTO Hohmann transfer maneuver, and use the same AKM to deliver the payload from
GTO to GEO.

• All ground and mission operations personnel will be full-time employees with an average cost
of $100,000 per year.

Based on current AKM design trends, _°tl the AKM specific impulse was set to 310 s, and the
stage mass fraction was set to 0.90. (This was later revised for the final phase of the AIST study.) The
required GTO-to-GEO delta V was computed to be 1,837 m/s. Inverting the rocket equation yielded a
loaded AKM weight so close to the payload weight that a decision was made to set them equal,for the
quick study. This allowed each concept to be sized to deliver a 6,000- and 20,000-1b "payload to or from
LEO to GTO.

The quick study did not allow for much vehicle design. Therefore, the design information was
limited to specific impulse, stage/propellant mass fraction, and (for reusable concepts) the number of
flights per unit. Specific impulse ranged from a low of 310 s (for the solid concept) to a high of 480 s (for
the cryogen concepts). Propellant mass fraction ranged from a low of 0.82 (for the cryogen-aerobrake
concept) to a high of 0.92 (for the solid concept). No distinction was made between the versions which
delivered a 3,000-1b payload to the ones which delivered a 10,000-1b payload. All reusable concepts were
assumed to be space-based. The number of uses for each reusable concept was set at 10, by a group
decision. Design-related values for all of the concepts are contained in table D-1.

Table D-1. Input values to tl_e chemical propulsion quick study.

Specific Impulse:

Prop. Mass Fraction:

Propellant Cost / lb

Manu. Cost / Ib:

DDT&E / Manu. Ratio:

No. Flights / Vehicle:

Parts/Prop Mass Ratio:

Delay, Time per Fli£ht:

Operations Staff Size:

Facility, Cost per Year:

Delta Ops. Cost /Flt:

Expendable Concepts Reusable Concepts

Solid Hybrid Storable Cryogen Storable Storable Cryogen Cryogen

Exp Exp Exp Exp Prop Aero Prop Aero

310 s 340 s 350 s 480 s 390 s 390 s 480 s 480 s

0.92 0.88 0.92 0.90 0.88 0.84 0.86 0.82

$20 $10 $30 $1 $5 $5 $1 $1

$2k* $2k* $3k* $5k* $7k $8k $9k $10k

3+1" 5+1" 3+1" 3+1" 5 6 5 6

1 I 1 I 10 10 10 10

0 0 0 0 0.04 0.05 0.04 0.05

0 0 0 0 3 days 4 days 3 days 4 days

45 45 50 50 55 55 55 55

$500k $600k $750k $800k $750k $750k $800k $800k

$86k $96k $86k $86k $14k $14k $14k $14k

* Manufacturing Cost reduced by half via investment in automation for high-rate production.

For the reusable concepts, replacement parts weight was computed using a specified parts-to-
propellant weight ratio. (This was later revised to a dry weight percentage, by subsystem, for the final
phase of the AIST study.) This ratio was set to 0.04 for the propulsive-deboost versions and 0.05 for the
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aerobrakeversions.Assumingthatreusableconceptstakelongerto processthanexpendableones,a
customer-incurreddowntime-delaycostpenaltywasinvokedto makethetradestudymorefair (thiswas
droppedfrom thefinal phaseof theAIST study).To coverpayload-to-spacecraftspace-basedintegration,
thedelaywassetto 3 daysfor propulsive-deboostversionsand4 daysfor theaerobrakeversions.

The size of operations salaried personnel, required for either ground or mission operations, was

estimated to be between 45 and 50 for expendable concepts; and 55 for reusable (space-based) concepts.

For this quick study, a simple cost model was developed in Pascal that directly computed the life-
cycle cost per flight. (This occurred prior to the development of the more detailed cost model used for the
final phase of the AIST study.) Cost-per-flight was divided into five components: DDT&E, production,
resupply, delay, and operations.

DDT&E cost was computed from the unit production cost using a specified DDT&E-to-
manufacturing cost ratio, which varied from 4 to 6. DDT&E cost was distributed evenly over 5 years.
Cost-per-flight was then based on the number of flights per year which, for this quick study, were allowed
to vary between 20 and 50, in steps of 10.

Unit production cost was computed by multiplying the computed vehicle dry weight by a manu-
facturing cost per pound, which ranged from $2,000 to $5,000/1b for expendable vehicles, and from
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$7,000 to $10,000/lb for reusable vehicles. The savings in production costs for expendable vehicles
was assumed to result from automation. The DDT&E-to-manufacturing cost ratio was increased by one for
these concepts to cover this additional investment.

Resupply costs consisted of AKM, propellant, and replacement part costs. AKM dry weight and
replacement parts were costed at $2,000/1b AKM and solid propellant was costed at $20/lb. Cryogen pro-
pellant was costed at $1/lb. Hybrid propellant, a mixture of the two, was costed at $10/lb, half of the
solid. Ground-based storable propellant (NTO and MMH) was costed at $30/lb. Space-based storable
propellant (lox and methane) was costed at $5/1b. Customer-incurred delay costs were costed at $200,000
per day. 22

Operations costs consisted of salaried personnel, facility, and per-mission costs. Personnel costs
were costed at $100,000 per person per year. Facility costs were estimated to range between $500,000 and
$800,000 per year. Additional per-mission costs, mainly to cover ground operations, ranged from
$86,000 to $96,000 per flight for expendable AIST concepts; and was estimated at $14,000 per flight for
reusable (space-based) AIST concepts.

The results of the chemical propulsion concept quick study is shown in figures D- 1 through D-3.
The first observation which can be made is that no AIST concept was able to achieve the goal of only
$1,000/lb to GEO. The second observation was that there was not a lot of variance between the concepts.
The lowest cost system, at about $1,600/1b, was a reusable cryogen with propulsive deboost AIST carry-
ing 10,000-1b payloads to GEO 50 times per year. The highest cost system, at about $2,200/1b, was a
reusable storable with aerobrake deboost AIST carrying 3,000-1b payloads to GEO 20 times per year.
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APPENDIX E

TETHER CONCEPT EVALUATION

E.1 Concept Description

The dynamic tether concept is an extension of small expendable tether technology to a large reus-
able tether. The tether is deployed by an initial push-off motion of the payload from the support platform,
no more than a few meters per second. The mass of the platform is many times that of the payload and
tether. Tension on the tether during the deployment is very low so that the payload and unreeling tether
continue to move above and aft of the platform until the tether is fully deployed.

As the tether nears full deployment, tension is increased to slow the deployment to zero. This
causes an increase in velocity of the tether and payload relative to Earth, which brings gravity gradient
forces into play. The tether and payload begin to rotate toward the local vertical and accelerate. When the
tether tip and payload reach local vertical the payload velocity relative to Earth has reached a high enough
value to enter a geosynchronous transfer orbit. The tether tension is slacked by additional unreeling and the
payload is released. The duration of the swing to the release point is 15 to 20 min. The tether is retrieved
by reeling in, a process which may take several days to damp out tether motions.

An accurate simulation has not been done. Crude analysis indicates a tether length between 500 and
1,000 km. This means that unlike the 20 to 30 km. "downmass tether," the mass of this tether is probably

in the range × 5 to × 10 payload mass. This assumes the tether may be tapered; a fixed-section tether
would be more massive. Analyses of slowly rotating tethers (one to two revolutions per orbit) indicate
they can achieve GTO launch with shorter tethers but require a tether "crawler" to deliver the payload to the
end of the tether.

The tether reeler mass has not been estimated but presumably must be at least that of the tether
(i.e., also the x 5 to x 10 payload). The platform mass needs to be great enough that transfer of momen-
tum to the payload does not deorbit the tether system. Presently, it is assumed this is on the order of x 100
payload, but again there is no valid analysis. Platform ballast mass could be provided by water tanks or
other low-cost means. The platform must include an electric propulsion system to restore its orbital
momentum before the next payload is launched, and enough additional electric power for reeling in the
tether. Reeler power is probably on the order to I0 to 20 kWe. Reboost power is considerably greater, on
the order of 150 kWe for 20 payloads per year.

E.2 Analysis Notes

A real simulation of the tether system was beyond the scope of the study. Note that the gravity gra-

dient angular acceleration torque acting on a long slender object is

T = 3/z/r _ Ixx sin 0 cos 0 ,

where Iz_ is assumed zero, and theta measures the angular attitude relative to a gravity gradient neutral or
stable attitude, sin 0 cos 0 may be recognized as a sinusoidal function with amplitude + 1/2 and period rr.

Since the angular acceleration of an object (again assuming I= zero and I,.,.= I_,) is T/I, the angular rotation
of geometrically similar objects under influence of gravity gradient is independent of size, disregarding the
effect of decrease in gravitational acceleration with distance. This permits a very crude analysis assuming

the platform, tether, and payload move as a rigid object. Such analysis led to a tether length roughly 1,200
km, and an end acceleration 0.5 g, adequate to enable the payload to enter a GEO transfer orbit.
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E.3 Cost Questions

The mass delivered to orbit for a 3,000-1b payload appears to exceed x 100 payload, or 300,000 to
500,000 lb. A significant part of this is ballast, but the tether reeler mass is probably of order 50,000 lb.,
and the power/propulsion system of order (50 kg/kWe x 170 kWe) = 20,000 lb.

The cost of this system is dominated by R&D cost. There is insufficient definition of the system to
do a proper cost estimate. A significant amount of space testing might be required. By rough analogy to
other AIST systems, an R&D cost may be in the range $50,000 to $100,000/lb for the active portions of
the system (reeler and power/propulsion system). This leads to R&D costs in the range $3 to $6 billion,
more than any other AIST system (nuclear thermal is second at about $2 billion).

The tether system is, in effect, an electric propulsion system wherein use of a tether conserves
energy and momentum except that transferred to the payload. By comparison, the solar electric upper stage
transfers more momentum and energy to the stage and its propellant than to the payload; it is not recov-
ered. Thus the tether offers a possibility of low operating cost per flight. Mass delivered to orbit for one
payload delivery appears to be less than for any other system and there is nominally no hardware expended
except an apogee kick motor. The tether system is speculated as:

• The most expensive of the options to develop;

• The least expensive in recurring cost.

This must be leavened with a concern for tether breakage due to orbital debris. The probability of this may
be significant, and repair/replacement of a broken tether would be quite expensive.

There are many unanswered questions that can only be answered by detailed analysis and a degree
of point design activity. At the present level of understanding it is not recommended to consider the
dynamic tether system as a preferred AIST system, but it is interesting and deserves further analysis.
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APPENDIX F

OPERATIONS ASSUMPTIONS

F.1 Ground Operations

The manpower estimates for all upper stage concepts was "deltad" off an indepth study of what
was required for the reusable cryogenic upper stage (LH2/LO2). The time and number of ground opera-
tions personnel for each known major task was analyzed step by step through the ground operations proc-
esses of receiving, inspection, fit check, mating, checkout, launch, flight support, removal and safing on
landing, cleaning, refurbishment and ready for shipment to the launch facility. The estimate of the duration
and manpower needed for the tasks was based on the experience gained by individuals who have worked
such processes and records of these processes from IUS, Saturn, Centaur and other systems.

From the process flow, the number of man-hours per process was created, and the number of per-
sonnel required to support the entire operation (processing and refurbishment) determined. A task utiliza-
tion factor for preflight processing was calculated by dividing the total number of man-hours for process-
ing by the number of hours per shift (i.e., 8 hours), and also by the total number of personnel required to
support the entire pre-flight processing operation (i.e., 52 people). This task utilization factor represents
the number of major tasks, on the average, each person has to complete per vehicle (i.e., 6.3). For the
other concepts, the cryo timeline was adjusted to reflect the system of interest, and the total number of
man-hours for pre-flight processing was calculated. The total number of personnel needed was determined
by dividing the total number of man-hours by the number of hours per shift and also by the task utilization
factor determined in the cryo system.

The following assumptions are used for ground operations:

A. Upper-stage and payload processing will be performed off-line from vehicle processing.

B. Late access to payload will be limited, with exception of the crew.

C. Personnel rate for computation cost of ground operations and mission operations is based on
an average hourly rate. There is no attempt to break out skilled and unskilled personnel.

D. Operations personnel and ground personnel are already trained in their area of expertise

E. Schedule efficiency is not included. Improvements in overall schedule due to arrangement of
tasks and staffing are not taken into account.

F.2 Mission Operations

The mission operations covers the portion of operations associated with console personnel who

monitor, and24.control, the upper sta_e flight.Using the current Boemg" IUS mission operations-- as a
guidehne, it Is assumed the number of people at the console during each shift would be 20 for a flight
rate of 20 per year and 50 for a flight rate of 50 per year. Depending on the number of shifts required, and
the number of stages in orbit at any given time, the number of operations personnel required per year is
calculated by multiplying the number of shifts required to monitor each concept during flight by the num-
ber of personnel required for each shift, and then adding an engineer for each flight to support the payload
design (e.g., adding either 20 personnel or 50 personnel).

The number of shifts required for the solid, hybrid, cryo, solar thermal, solar electric, and nuclear
thermal, regardless of flight rate, is 2, 2, 3, 5, 5, and 3, respectively. Since the solar thermal and solar
electric concepts have a long trip time associated with traveling from LEO to GEO, an additional 3 people
for the solar thermal and 10 for the solar electric would be added to the number of personnel required for a
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flight rate of 20 per year to monitor each vehicle flying. An additional 7 for the solar thermal and 25 for the
solar electric would be added for a flight rate of 50 per year. Finally, the nuclear thermal requires 2 addi-
tional shifts of 5 people.

F.3 Operations Flowchart

Figure F- 1 shows the operational flowchart for the assembly of each upper stage upon arrival at the
launch site.
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Figure F-1. Operations assembly flowchart.
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APPENDIX G

CONCEPT ASSUMPTIONS

G.1 General Assumptions

The following assumptions are used for all of the upper stage concept designs:

A. The number of upper stages is set to an estimated value plus one backup unit. The backup unit
assures that one is always available for launch.

B.

C.

The estimated number of upper stages required is set to the total number of flights required
divided by the expected life of the upper stage (a function of its design life and its overall
mission reliability), rounded up to a whole number.

The expected life of the upper stage is computed using the following formula: E = R * ( I-R °) /

(l-R), where E is the expected life, D is the design life, and R is the overall mission reliability.

D. The overall mission reliability of each upper stage is set to 0.95. This is traded during sensi-
tivity analysis.

E. For each reusable upper-stage concept, the upper-stage design life is set equal to the design life
of its most expensive subsystem, which is usually the main engine (for cryogen, storable, solar
thermal, and nuclear propulsion concepts) or the solar arrays (for solar and laser electric con-
cepts). Thus, when this critical subsystem fails, the upper stage is abandoned.

F. For those concepts that go only to GTO, an AKM is used to deliver the payload from GTO to
GEO. To ensure a fair trade, the same AKM model is used for all upper-stage concepts in the
same payload-weight class.

G. Although all concepts are required to be at a TRL 6 by the year 2005, not all concepts are at an
equal TRL at 2005, as some concepts are already currently past that level. For this study,
however, all concepts are costed as though they are at the same TRL (i.e., all concepts are
costed for DDT&E and first unit costs. TRL advancement from six to nine was not costed).

n. For each upper-stage concept, a weight-growth factor of 15 percent is added to the estimated
weight of any subsystem or subsystem part which must be developed and tested. Thus,

"available off-the-shelf' items, such as the new RL10-B2 liquid rocket engine, will not have
such a weight-growth factor applied.

I. In an effort to remain consistent with the assignment of factors for NASCOM, a team was

assembled with a representative assigned to each subsystem. The representatives were respon-
sible for assigning percent new design, design complexity, and production complexity factors

for all of the concepts for their respective disciplines. The factors were assigned based upon
engineering judgment and experience by each of the representatives.

G.2 Mechanisms Subsystem

For each upper-stage concept, the weight of the payload deployment mechanism is computed as
0.5 percent of the total payload and AKM (if any) weight; based on data from the original Atlas Centaur
upper stage.
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G.3 Avionics Subsystem

The following assumptions are used for the electrical power, C&DH, and GN&C subsystems:

A. Upper stage electronics are for the upper stage only, and not the launch vehicle.

B. Power is available at the site, and all concepts are charged from the ground site until launch.

C. The C&DH is redundant communications (dual)

- S-band for communications with Tracking and Data Relay Satellite System (TDRSS) and

ground
- UHF system for communications with the launch vehicle.

D. The GN&C weight includes GPS antenna and RF cables, but not GPS receiver.

E. The flight control computer weight and weight for commanding mission critical functions, and

for acquiring related telemetry for on-board use, are included in the GN&C weight. Cable
weight is believed to make up a larger percentage of the C&DH weight as compared to the
CER. Therefore, factors of 0.8 for design and production complexity were assigned.

F. Sixty-percent new design effort was based on assumptions that the effort will be about the
same with respect to antennas, cables, and passive RF components; that transponders and
power amp designs will exist but need new subsystem integration; and that the command proc-
essor and data will require minor mods and new subsystem integration.

G. There is no automated capture/docking capability of the upper stage for GN&C; therefore, no
docking/capture targets and mechanisms are carried in GN&C.

H. The GN&C is two strings, but may not be fully redundant (depends on how it is imple-
mented).

I. Guidance and control processors handle C&DH function. Control electronics are used by the
C&DH.

J. There is no health monitoring system available for the upper stage.

G.4 Apogee Kick Motor

The AKM subsystems are not modeled. Instead, a propellant mass fraction and a specific impulse
were chosen based upon reasonable improvements of similar AKM designs available in 1994. Combined
with the required GTO-to-GEO delta V (1,837 m/s), a ratio of payload weight to preburn weight-at-GTO

was computed by inverting the basic rocket equation:

WpL/WGTO = I/PMF x [exp(-AV/g Isp)+PMF-I] ,

where WpL is the weight of the payload alone, WGrO is the weight of the payload and loaded AKM, PMF
is the propellant mass fraction of the AKM, Isp is the specific impulse of the AKM, AV is the required
GTO-to-GEO delta V, and g is the gravity constant.

The ratio of the AKM loaded weight to the payload weight was then computed as:

kAKM = WGTO/WeL-1 -----) WAKM = kAKMXWpL .
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TheAKM loadedweightwassetto 0.952timesthepayloadweight,andtheAKM dry weightwassetto
0.07timestheAKM loadedweight,basedon theaboveequations.Thepropellantmassfractionof the
AKM is0.93andthespecificimpulseof theAKM motoris 310s.Thus,for a3,000-1bpayload,the
loadedweightof theAKM was2,856lb, its propellantweightwas2,656lb, andits dry weightwas200
lb; andfor a 10,000-1bpayload,the loadedweightof theAKM was9,520lb, its propellantweightwas
8,854lb, andits dry weightwas666lb.

Additionally,thefollowingassumptionsareusedfor theAKM:

m. For each upper stage concept which requires an AKM, the number of AKM's required is cal-
culated as the number of flights flown divided by the overall mission reliability of the upper
stage (nominally 0.95).

B. The AKM consists of a small, but efficient, SRM and a minimal amount of structure, avionics,
and RCS.

C. For concepts that require a kick motor; weight for the solid motor will be included but addi-
tional weight for additional structure to incorporate the motor will not be included.

G.5 Airborne Support Equipment

The following assumptions are used for the ASE:

A. Each ASE unit is designed to last indefinitely, with proper maintenance.

B. For each expendable or ground-based reusable upper-stage concept, the number of ASE units
is set to one nominal plus one backup unit, for a total of two. The backup unit assures that one
is always available for launch.

C. For each space-based reusable upper-stage concept, the number of ASE units is set to one
nominalplus one backup unit for both the new stage mission and the refuel mission, for a total
of four. The backup units assure that one is always available for launch. NASCOM will not
directly cost the refuel mission ASE; therefore, for costing purposes, the ratio of the refuel
mission ASE weight to the new stage mission ASE weight (e.g., 0.75) is used to determine an
equivalent total number of ASE units to price at the NASCOM-computed new stage first-unit
production cost. (For example, two whole units plus two 0.75 units yields an equivalent
number of 3.50 units.)

G.6 Refuel Tank Design

A refuel tank, housed safely in the HRST payload bay, was chosen as the means for resupplying
propellants to a space-based reusable upper stage concept. A replacement tank was also considered, but
abandoned due to the perceived increased complexity in upper stage design and manufacture (which would
increase its DDT&E and production costs). Other proposed propellant resupply options included a ground-
based propellant tanker, made by purchasing an HRST and replacing its payload bay with fuel tanks; and a
space-based propellant farm, where LH2 and lox would be produced from water transported from the
Earth. The additional DDT&E and production costs associated with these options are perceived to be more
than their potential operational cost savings; however, these options were not quantitatively assessed to
verify this supposition.

The following assumptions are used for the refuel tank:

A. For each space-based reusable upper-stage concept, the number of refuel tanks is set to an
estimated value plus one backup unit. The backup unit assures that one is always available for
launch.

69



B. The estimated number of refuel tanks required is calculated as the number of refuel flights

required divided by the expected life of the refuel tank (a function of its design life and its over-
all mission reliability), rounded up to a whole number.

C. Each refuel tank will have an overall mission reliability very close to one, since even a small

leak should not result in either tank or upper stage mission failure; thus, the expected life of the
refuel tank is set equal to the design life of 100 flights (with proper maintenance). Design life is
based on pressure and thermal cycles typically encouiatered per flight.

E. Since no refuel tank subsystem category exists in NASCOM, the refuel tank is comprised of
the "tankage," "tank support structure," and "payload adapter" parts of the structures subsys-
tem, plus the mechanisms (payload deployer), passive thermal (tank insulation), and propul-
sion subsystems.

G.7 Replacement Parts/Spares

The following assumptions are used for the replacement parts/spares:

m. For each reusable upper-stage concept, the number of replacement part sets is set to the number
of "reused stage" flights, computed as the number of flights minus the number of new stage

flights (i.e., the estimated number of upper stages).

Bo It is assumed that new upper stages leave the production facility with no defects; that any

replacement of defective parts will occur during production and thus is covered by the produc-
tion costs.

C. It is assumed that new upper stages are not damaged during integration; thus no replacement of

damaged parts is required.

Do For each upper-stage concept, a pre-defined set of replacement parts is applied on each "reused
stage" flight. The parts set is defined based on expected "wear and tear" per flight and accessi-
bility.

E. Large, expensive subsystems, such as engines or solar array panels, will not be subjected to
major maintenance. Time-to-failure of those parts define the design life of the upper stage.

F° Since no replacement parts subsystem category exists, the replacement parts set is comprised of
fractions of each subsystem, with the assumption that the fraction of weight to be replaced is

equal to the fraction of the associated subsystem first-unit production cost.
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APPENDIX H

SOLAR ELECTRIC INFORMATION

This space-based, reusable upper-stage concept uses a solar electric propulsion system for main
propulsion. The vehicle flies low-thrust spiral trajectories from LEO to GEO and return. Upon return to
LEO, it is resupplied with propellant and supplied with a new payload for delivery. Unlike the high-thrust
systems, SEP upper stages deliver payloads to geosynchronous orbit, not to a transfer orbit. It is impracti-
ca] to fly a low-thrust system to a highly elliptical transfer orbit.

The generic advantages and disadvantages for solar electric propulsion are:

• Benefits

High specific impulse, low propellant consumption
Delivery all the way to destination orbit
Inherently reusable; long life achievable
Reliable and safe; can use non-hazardous propellant
High potential for advanced interplanetary missions

• Drawbacks

Long trip times for LEO-GEO missions
Relatively high stage cost; must reuse to be economic
Significant Van Allen Belt radiation exposure for LEO-GEO

Large array area leads to high drag; may require special operations procedures below 400- to 500-
km altitude.

The reasons for considering SEP for AIST application are:

• Cost Reduction Potential--

High specific impulse of electric propulsion enables combination of reuse and low propellant
consumption

• Safety and Reliability--
Vehicle inherently safe to launch
Power and propulsion inherently multi-string
Low thrust avoids high loads on payloads
No sudden critical events

• Technology Status--
In commercial use today

Technology not near physical limits as is chemical propulsion
Performance improvements and cost reduction needed.

Preliminary investigations were performed to select technology levels with potential to reach AIST
targets. It was quickly concluded that solar array performance near 200 W/kg is needed to reach the com-
petitive inert mass range. Present systems based on silicon photovoltaics are in the 60 to 80 W/kg range.
Improved technology characterized as thin film photovoltaics with 20 percent or better efficiency is indi-
cated as capable of the desired performance.

Preliminary trades were also conducted on specific impulse, trip time, and number of uses. For a
low-thrust propulsion system there is always an optimum specific impulse (more is not necessarily better).
The optimum specific impulse reaches the best compromise between propellant mass, reduced by high
specific impulse, and inert mass, increased by high specific impulse. Longer trip times reduce power
requirements and inert mass; specific cost, not including penalties for trip time, decreases with increasing
trip time. Representative results of these trades are shown in figure H- 1. Solar electric propulsion systems
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areexpensivecomparedto conventionalpropulsionsystems.Solarelectricsystemscannotbecostcom-
petitivewithoutreuse.Theeconomyeffectsof reuseareillustratedin figureH-2.
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The advanced solar arrays subsystem consists of multiple arrays of thin-film gallium-arsenide-
based or dual band gap solar cells on a substrata backing, plus the associated framework and electrical
wiring. Nominal efficiency was set at 20 percent, with mass per unit area 1.46 kg/m 2 for a unit power of
178 W/kg. SEP projected performance is summarized in figure H-3. The arrays would have a maximum
power output of 50.7 kW for the 3,000-1b payload version, and 138.2 kW for the lO,000-1b payload ver-
sion. The operable life of the arrays was assumed to be 10 flights, after which time both the arrays and
upper stage would no longer be reused.
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• Array performance projected
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Low-thrustsolarelectricascentto GEOandreturnrequirestwo degreesof freedomfor thesolar
array.Thrustdirectionfollowsayawsteeringpatternto optimizeplanechangeduringaltituderaising.At
thesametimethesolararraysmustbeorientedtowardtheSun.Theyawsteeringisroughlysinusoidal
with aperiodof oneorbit.Two degreesof freedomareprovidedby rolling theentirevehiclewhiletilting
thearrays.FigureH-4 illustratestypicalroll andtilt requirements.Whenthetilt angleisnear+ 90 °, the
actual roll angle is not very important since the SEP is nearly foresighted on or away from the Sun. This
fact may be used to ameliorate rapid roll maneuvers.

Past studies of SEP systems have typically dealt with technology as it existed or with high-
confidence near-term projections of the technology. Most of these studies did not succeed in defining
system concepts so attractive that the technical and program risks of SEP could be accepted. The single
significant exception is instructive: the use of SEP for commercial communications satellites station-
keeping. Here the thruster technology was developed incrementally and the power system was "free," i.e.,
power already available on the satellite. Solar electric power at $2,000/W or more, if it must be paid for to
obtain the benefits of solar electric propulsion, has never been worth it.

This study attempted to set a technology and cost level which could be competitive. The level was

about twice the performance and one-third the cost of today's space arrays. The limits of SEP technology
are ill-defined. The technology set-points of this study were power somewhat less than 200 W/kg and cost
of $600/W. Technology forecasts have thrown out numbers as high as 1,000 W/kg and values from 300
to 500 are at least marginally credible. Terrestrial arrays, even high-technology ones, sell for a tiny fraction
of $600/W. Because SEP technology limits are ill-defined, it makes sense to embark on a modest technol-

ogy program to better define them. It also makes sense to conduct thruster and power processing technol-
ogy developments that would benefit the communications satellite industry. This could be nearly all
laboratory work. It is unclear what should sensibly be done in a flight program that will not be covered by
continuing developments in commercial satellite propulsion.
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APPENDIX I

LUNAR AND PLANETARY MISSIONS

Applicability of altemative propulsion systems and technologies to lunar and planetary missions
depends on the mission definitions. Low-performance systems such as solid-propellant rockets can and

have served well for robotic missions. Examples are the Magellan and Galileo missions. In the case of the

relatively massive Galileo spacecraft, the low performance of the IUS required gravity assists at Venus
and Earth to attain a Jupiter encounter trajectory. Large and/or higher performance systems are needed for
human missions. For both robotic and human missions, careful attention should be paid to the launch
opportunities for planetary trips. In the Mars case, the delta V required can vary up to 100 percent
depending on the time frame for when the vehicle is launched.

1.1 Robotic Missions

Advanced robotic missions such as Mars sample return can also operate with low-to-moderate per-
formance systems. The most significant performance leverage for a Mars sample return mission comes
from production of return propellant on Mars, e.g., using the methane/oxygen production concepts
advanced by Zubrin and others. Use of higher performance propulsion can significantly reduce initial mass
in Earth orbit, but with the low ETO costs of an HRST this mass reduction does not have much cost lever-

age.

For expendable upper stages applied to robotic lunar and planetary missions, it is expected to see
cost trends very similar to the LEO-GEO mission. Because of the generally higher energy, higher per-
formance has a slight edge compared to the LEO-GEO mission. Reusable upper stages, if a "standard"
(i.e., designed for LEO-GEO) system can be used, also trend similarly to the LEO-GEO mission with two
caveats. First, if the reusable system is launched to a high-energy planetary insertion, it probably cannot be
returned to Earth orbit for reuse. Therefore, kick motors or some similar device should be considered.

Second, low-thrust systems will reach a near-Earth-escape condition far from Earth before the kick motor
can be used. This leads to a much larger kick motor requirement (for the same insertion condition) com-
pared to a high-thrust system which reaches a near escape condition deep in Earth's gravity well.

Particular mention of nuclear electric propulsion needs to be made here. Nuclear electric propulsion
was dropped from the main part of the AIST study in view of high cost and public safety concerns associ-
ated with extended operations in Earth orbit. Nuclear electric propulsion has two unique attributes for mis-
sions to the outer planets and beyond. First, it provides a source of power and thermal control heat both
necessary for spacecraft to survive and operate at great distances from the Sun. Second, it offers perform-
ance advantages for outer planet missions compared to any other system feasible with known technology.
These advantages cannot be easily quantified in terms of cost, since some mission profiles and operations
are not possible without nuclear electric propulsion.

1.2 Human Missions

Human lunar and planetary missions present a different picture. First, much larger masses are

involved. Second, tri.ptime is importantconsl_g_red..Len. thy mission, profiles involvin.. g sequences of g.ravit y assists,such as used for Gahleo, would not be Third, human missions are much more likely to be
repet]twe so system reuse becomes an important factor. Fourth, human safety places requirements on
systems of different character than the normal cost-effects-of-reliability factors applied to the selection of
systems for automated missions.

Extensive studies and comparisons of propulsion systems for human lunar and planetary missions
were conducted during the Space Exploration Initmtive (SEI) activities from 1989 to 1993. A small amount
of work continued after SEI. The results and conclusions of these studies are applicable and sufficient to
draw conclusions regarding the relative merits of the AIST propulsion systems to human lunar and
planetary missions.
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1.3 HRST Support of Human Missions

The premise of the present study is that a modest-capability fully reusable launch vehicle can bring
launch costs down 1.5 orders of magnitude from today's prices. Nearly all studies of human lunar and

planetary missions have assumed development and use of a heavy lift launch vehicle. Earth orbit assembly
has been eschewed for lunar missions and minimized for Mars missions. Some studies (Zubrin's Mars

Direct and the 1993/1994 Johnson Space Center (JSC) studies) have gone so far as to substitute Mars
surface rendezvous for Earth orbit assembly. This could be viewed as a Saturn-Apollo mindset. The prior

studies give little guidance how best to use an HRST-class launcher for human exploration missions.

The general sizing of lunar vehicles is such that with suitable design, an HRST could launch the
major components including propellant tanks. Oxygen tanks would be partially loaded then topped off on
orbit. Fully loaded hydrogen tanks could be launched late in the sequence to minimize boiloff. Mars
vehicles are much too large. Nuclear thermal systems with their large hydrogen propellant loads present
the worst problem. A nuclear thermal Mars vehicle might require 20 to 50 tanks of a size suitable for
HRST launch.

A Mars lander/ascent vehicle is about the size of a lunar vehicle and could be similarly assembled.

The heat shield for a Mars lander presents an assembly problem not encountered on a lunar vehicle, but
studies during the SEI activity indicated reasonable ways to assemble heat shields.

Most Mars mission studies have selected habitat size about 6 meters diameter for the interplanetary
vehicle crew module. Volume limits of an HRST would require the crew module to be made up of a clus-

ter of space station-sized modules. Trade studies during SEI indicated this is feasible with a moderate mass

penalty.

Solar electric appears to present the least problem. The propellant could be contained in two tanks.
On-orbit topoff would be required because of launch mass limits. The solar array would require on the
order of a dozen launches but assembly of a large planar array seems a straightforward problem. The

general conclusion of this study is that assembly of a solar electric Mars vehicle is comparable in difficulty

to assembly of the International Space Station.

1.4 Application of AIST Technologies

A general conclusion can be drawn that solid rocket propulsion is not useful for any of the human
lunar or planetary applications. Table I-1 indicates the applicability of the remaining AIST systems to ele-
ments of lunar and Mars mission profiles. While hybrid propulsion is not applicable to translunar or

planetary injection, two design studies have specified storable propulsion (equivalent performance) for

Table I- 1. Applicability of AIST concepts to missions.

Translunar/ Lunar/
Propulsion Planetary Mars Mars Lunar Mars TransEarth

System Injection Landing Capture Ascent Ascent Injection

Hybrid Propulsion X X X X X

Cryogenic Propulsion X X X X X X

Solar Thermal X X X

Solar Electric X X X

Nuclear Thermal X X X
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this. These were the original Von Braun Mars project papers and a recent study at Stanford University
which used a high-energy elliptical Earth parking orbit to minimize the energy imparted by the injection
stage. The argument in the latter study was that using a hydrogen-oxygen upper stage on the launch
vehicle to reach the elliptic parking orbit obtained most of the benefits of cryogenic performance while

permitting use of storables in the space vehicle.

1.5 Human Lunar Missions

Few studies have selected anything other than cryogenic propulsion for translunar injection, cap-
ture, and landing. Storable propellants are frequently specified for return to Earth from the Moon to avoid
the issue of cryogenic boiloff on the lunar surface. Current thinking is toward the use of cryogenics with
production of return propellant on the Moon. Lunar oxygen can be produced from regolith, with a
preference for "mature" regolith with its higher ilmenite content. Yield is about 5 percent. If water ice is
present at the south lunar pole, both hydrogen and oxygen can be produced there. Hydrogen can be
extracted from the regolith; again, mature regolith is preferred. Its hydrogen content is about 50 parts per
million; the hydrogen can be extracted by heating to about 600 *C. A typical lunar return requires about 3 t.

hydrogen. To obtain this quantity, 30,000 m3 of regolith must be processed. Since oxygen yields are a
thousand times greater, the amount of regolith that must be handled to obtain oxygen for a typical lunar
return is modest.

A few studies have considered solar or nuclear electric propulsion for lunar cargo. Greater mass
efficiency is obtained, but the nonrecurring cost for developing a low-thrust system in addition to the high-
thrust system needed for reasonable lunar crew travel times was not justified in those studies that
considered the question. If a low-thrust system were available (e.g., from prior development for another
mission), it could be profitably used.

1.6 Human Mars Missions

The principal Mars studies have, at one time or another, selected different propulsion systems. The
SEI "90-Day Study" selected cryogenic propulsion with aerocapture at Mars. The selection was based on

requiring the least new development. Zubrin's Mars Direct and the JSC studies cited above selected direct
injection to Mars by the launch vehicle (which had a cryogenic upper stage) and production of propellant
(oxygen and methane) on Mars. The Synthesis Group and the Boeing/MSFC Space Transportation
Concepts and Analyses for Exploration Missions (STCAEM) study recommended nuclear thermal
propulsion. These recommendations were both influenced by a perceived need to perform opposition-class
profiles in unfavorable years.

The STCAEM study also identified solar electric propulsion as promising if the cost of solar arrays
could be driven down. At the time little evidence was available, with the exception of the low cost of

terrestrial arrays, that cost could come down. Since that time, commercial purchases of space arrays
indicate that they, like other products, could be on a 70 to 80 percent production rate slope. Projected price
for a 5-mW Mars transfer vehicle array is $100 to $400/W. While this is highly speculative, it indicates the

potential for a Mars transfer system to be very competitive with other alternatives regarding nonrecurring
cost. As a fully reusable system with potential for 20-year life, a solar electric Mars transfer system could
be the technology of choice for human Mars exploration.

Two things should be noted about solar electric propulsion for Mars missions: First, optimal spe-
cific impulse is between 3,000 and 5,000 s. For LEO-GEO transfer it is 1,200 to 2,000 s. This may point
to a different thruster technology at best. Second, mission profile and economics studies have indicated
that a Mars transfer solar electric system should operate between high-Earth and Mars orbits and be
serviced by other systems operating between the surfaces, or low orbits, and the SEP parking orbits. At
Mars it is practical to operate the Mars lander/ascent vehicle from the surface to an SEP parking orbit at,
for instance, 100,000 km. At Earth, a lunar transport system works well for transport between LEO and a
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highorbit.ThelunarL2 librationpointis well suitedasanSEPparkingorbit becausethedeltaV to reach
it is lower(throughbenefitof lunargravityassist)thancomparablelocations.

Thequestionof in-spacetransportationselectionfor Marsmissionsisquitecomplex.It includes
issuesof missiondefinition(surfacemissioncharacteristicsandrequirements;oppositionversusconjunc-
tionprofile),vehiclearchitectureaswell asprofilesub-options,andoverallobjectivesandscenariosfor
humanMarsexplorationanddevelopment.FigureI-1 illustratesatradechartfrom theSTCAEMstudy
showingrelativeinitial massanddegreeof reusefor arangeof options.This tradechartis incomplete,
however,asadditionalprofileandvehiclevariantshavebeenidentifiedandproposedsincethechartwas
made.
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Figure I- 1. STCAEM comparison of resupply mass and reusability.

It is also important to note a sea change in thinking about Mars exploration that occurred gradually
during and since the SEI studies. At the beginning of SEI, Mars mission scenarios were strongly influ-
enced by the notion that early missions should be short-duration dashes to Mars and back and that long
surface stays would occur much later. This.p. Lac _dgre tt emphasis on propulsion performance for the
opposition profile. Today the view is that if i: is wortl sending humans to Mars at all, "serious" time
sfiruld be spent on the surface from the beginning. El )ugh facilities should beplaced on Mars before the
first human visit to make the Mars surface a safe haw 1. Conjunction is the preferred profile, and the ques-
tion is how much propulsive effort should be invested in reducing transit time.

1.7 Recommendations

Further important considerations for the present study are compatibility of in-space propulsion
technology with HRST as an Earth launch system; availability/status of propulsion technology from alter-
native, especially commercial, applications; and the priority assigned human exploration utility as a tactor
in selecting technologies for advancement funding.

Suffice to say that cryogenic chemical propulsion appears clearly preferred for lunar missions, and
that reasonable cases can be made for cryogenic, nuclear thermal, or solar electric propulsion for Mars
transfer. With decreasing emphasis on the opposition profile, preferences for nuclear thermal propulsion
are softening. A long-term commitment to human Mars activitlq;s and compatibilitywith HRST both sug-
gest solar electric propulsion as the final choice, but this choice is conditional on acnieving the cost ana
performance targets set for solar electric in this study.
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APPENDIX J

DETAILED COST BREAKDOWN

The information in appendices B and F are complimentary to the information in this appendix.
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APPENDIX K

MASS REDUCTIONS

Mass estimates used in this study were relatively conservative. They are based on today's design
practice and experience, not on some future practice or very advanced technology. Therefore, it makes
sense to see what might be achieved in mass reduction.

Figure K- 1 shows the effects of inert mass reduction on the reusable cryogenic system initial mass,
according to the "split payload" equation. The plot point from this study's more detailed mass estimating is
also shown. This point is at about 23,000-1b launched mass. Recall that launched mass must be brought
down to 15,000 lb simply to reduce the Earth-to-orbit cost contribution to the target of $1,000/lb.
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Figure K- 1. "Split-payload" equation prediction of reusable cryo launch mass, 3,000-1b
payload with AKM.

It is popular to believe that chemical propulsion stages can be built with propellant fractions of 0.9
or better. Large ones can and have been built. Small stages cannot reach this inert mass performance level
for a variety of reasons, especially if hydrogen is the fuel used. The mass fraction projected for the 3,000-
lb delivery stage in this study is about 0.77. A review of mass estimates, presuming use of all graphite
construction including the hydrogen tank and use of very advanced (new-millennium-class) low power
avionics, suggests that the stage dry mass might be brought down from 3,770 to about 2,500 lb. Referring
to the figure, this brings the launched mass down to 18,000 lb, still not low enough.

Part of the difficulty is that an AKM with low Isp is used; the actual payload to GTO for the reus-
able cryo system is almost twice the GEO payload. One thought is to let the cryo system go all the way to
GEO and return. However, if this is done with an all-propulsive system, the "split-payload" equation pre-
dicts a launch mass of about 28,000 lb. The problem is the mission delta V for the cryo system goes from
5,100 to 8,400 m/s. Aerobraking could reduce the delta V but small aerobrakes have poor mass fractions.
Changing the mission profile does not appear promising.

Another approach is to let the AKM place the payload into an elliptic orbit with apogee at GEO and

perigee about 7,000-km altitude, above the most severe radiation belts. The payload propulsion system,
which is presumed to be high-efficiency electric propulsion operating on the payload's solar arrays, would
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raisetheperigeeandeffecttheneededplanechange.Thekick motordeltaV isreducedfrom 1,765to
about500m/s.It isestimatedthatthiscouldreducethelaunchedmassto about13,500lb. This is below
theupperlimit but leavesalmostnomarginfor othercosts.

In somerespectstheSEPsystemmassestimateis alsoveryconservative,especiallystructureand
avionics.Thesolararrayitself is intentionallyoptimisticrelativetocurrenttechnology.Thereis little defi-
nitionof thestructuralsystem.An advancedstructuraldesignandmaterialscoupledwithnew-millennium-
classavionicswereestimatedto reducethemassof theSEPbyabout40percent.TheSEPalreadygoesall
thewayto GEOwithoutanapogeekick motor.It wasfurtherestimatedthatlaunchedmassmightbe
reducedby 25percentto roughly12,000lb. Thisstill doesnot leaveacomfortablemarginfor othercosts.

SinceSEPtechnologyis in its infancy,greateradvancescouldbeprojectedin thestateof theart. If
arrayperformancecouldbeobtainedon theorderof 500W/kg, theIspwouldoptimizeat highervalues.
While noestimatesweredeveloped,it is likely thatlaunchmassescouldbeprojectedin therange8,000to
10,000lb.

Thereisonly ameagerdatabasefor dynamictethers,andresourcesof thisstudydidnotpermitan
adequatedepthof analysisor design.In concept,thedynamictetherappearsto derivebenefitsusing
electricpropulsionminussomeof thedrawbacks.Electricpropulsionprovides,in mostcases,continuous
low-thrustreboostfor thetether"launcher."Periodically,availablemomentumandenergyaretransferred
to thepayloadbyareusabletether.ThepayloadisplacedintoaGEOtransferorbit.Like theotherhigh-
thrustsystems,anAKM isusedfor GEOcircularization.Thetetheris reeledin andusuallyrecovereda
few daysafterpayloaddeployment.Theenergyandmomentumtransferredto thetethermaybesignificant
but is recoveredwith thetether.Thetetherplatformshouldhavesufficientmasssothatitsorbit isnot
excessivelydegradedby apayloaddeployment,includingthedynamicsof thedeployedtether.

Sinceelectricpropulsion,in adynamictethersystem,providesenergyandmomentumonly to the
payload(andnot to anelectricpropulsionstageanditspropellant),it is muchmoreefficient,inprinciple,
thanaconventionalelectricpropulsionvehicle.Alsonotethatsinceenergy/momentumimpartationto the
payloadandenergy/momentummakeuparedecoupled,payloadsarenotconstrainedto longtrip times.
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